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Preface

In keeping with the objectives of the previous editions, the third edi-
tion is intended to provide broad coverage of satellite communications
systems, while maintaining sufficient depth to lay the foundations for
more advanced studies. Mathematics is used as a tool to illustrate
physical situations and obtain quantitative results, but lengthy math-
ematical derivations are avoided. Numerical problems and examples
can be worked out using a good calculator or any of the excellent math-
ematical computer packages readily available. Mathcad™ is an excel-
lent tool for this purpose and is used in many of the text examples. The
basic Mathcad notation and operations are explained in Appendix H.
In calculating satellite link performance, extensive use is made of
decibels and related units. The reader who is not familiar with some of
the more specialized of these units will find them explained in
Appendix G.

The main additions to the third edition relate to digital satellite ser-
vices. These have expanded rapidly, especially in the areas of Direct
Broadcast Satellite Services (mainly television), and the Internet; new
chapters have been introduced on these topics. Error detection and cor-
rection is an essential feature of digital transmission, and a separate
chapter is given to this topic as well. The section on code-division mul-
tiple access, another digital transmission method, has been expanded.

As in the previous editions, the basic ideas of orbital mechanics are
covered in Chap. 2. However, because of the unique position and
requirements of the geostationary orbit, this subject has been present-
ed in a chapter of its own. Use of non-geostationary satellites has
increased significantly, and some of the newer systems utilizing low
earth orbits (LEOs) and medium earth orbits (MEQOs), as proposed for
Internet use, are described. Iridium, a 66 LEO system that had been
designed to provide mobile communications services on a global scale,
declared bankruptcy in 2000 and the service was discontinued. For

Mathcad is a registered trademark of Mathsoft Inc.

xXiii
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Xiv Preface

this reason, the description of Iridium was not carried through into the
new edition. In December 2000 a new company, Iridium Satellite LLC.,
was formed. Details of the company and the services offered or pro-
posed will be found at http:/www.iridium.com/. Considerable use has
been made of the World Wide Web in updating the previous edition,
and the web sites are referenced in the text. Listings of artificial satel-
lites, previously appended in tabular form, can now be found at the
web sites referenced in Appendix D; these listings have the advantage
of being kept current.

Much of the information in a book of this nature has to be obtained
from companies, professional organizations, and government depart-
ments. These sources are acknowledged in the text, and the author
would like to thank the personnel who responded to his requests for
information. Thanks go to the students at Lakehead University who
suggested improvements and provided corrections to the drafts used
in classroom teaching; to Dr. Henry Driver of Computer Sciences
Corporation who sent in comprehensive corrections and references
for the calculation of geodetic position. The author welcomes
readers’ comments and suggestions and he can be reached by email at
dennis.roddy@lakeheadu.ca. Thanks also go to Carol Levine for the
friendly way in which she kept the editorial process on schedule, and
to Steve Chapman, the sponsoring editor, for providing the impetus to
work on the third edition.

Dennis Roddy

Thunder Bay, Ontario
January 2001
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Chapter

Overview of Satellite Systems

1.1 Introduction

The use of satellites in communications systems is very much a fact of
everyday life, as is evidenced by the many homes which are equipped
with antennas, or “dishes,” used for reception of satellite television.
What may not be so well known is that satellites form an essential
part of telecommunications systems worldwide, carrying large
amounts of data and telephone traffic in addition to television signals.

Satellites offer a number of features not readily available with other
means of communications. Because very large areas of the earth are
visible from a satellite, the satellite can form the star point of a com-
munications net linking together many users simultaneously, users
who may be widely separated geographically. The same feature enables
satellites to provide communications links to remote communities in
sparsely populated areas which are difficult to access by other means.
Of course, satellite signals ignore political boundaries as well as geo-
graphic ones, which may or may not be a desirable feature.

To give some idea of cost, the construction and launch costs of the
Canadian Anik-E1 satellite (in 1994 Canadian dollars) were $281.2
million, and the Anik-E2, $290.5 million. The combined launch insur-
ance for both satellites was $95.5 million. A feature of any satellite sys-
tem is that the cost is distance insensitive, meaning that it costs about
the same to provide a satellite communications link over a short dis-
tance as it does over a large distance. Thus a satellite communications
system is economical only where the system is in continuous use and
the costs can be reasonably spread over a large number of users.

Satellites are also used for remote sensing, examples being the
detection of water pollution and the monitoring and reporting of
weather conditions. Some of these remote sensing satellites also form

Copyright 2001 The McGraw-Hill Companies Click Here for Terms of Use
TLFeBOOK



2 Chapter One

a vital link in search and rescue operations for downed aircraft and
the like.

A good overview of the role of satellites is given by Pritchard (1984)
and Brown (1981). To provide a general overview of satellite systems
here, three different types of applications are briefly described in this
chapter: (1) the largest international system, Intelsat, (2) the domestic
satellite system in the United States, Domsat, and (3) U.S. National
Oceanographic and Atmospheric Administration (NOAA) series of
polar orbiting satellites used for environmental monitoring and search
and rescue.

1.2 Frequency Allocations for Satellite
Services

Allocating frequencies to satellite services is a complicated process
which requires international coordination and planning. This is carried
out under the auspices of the International Telecommunication Union.
To facilitate frequency planning, the world is divided into three regions:

Region 1: Europe, Africa, what was formerly the Soviet Union, and
Mongolia

Region 2: North and South America and Greenland

Region 3: Asia (excluding region 1 areas), Australia, and the south-
west Pacific

Within these regions, frequency bands are allocated to various satel-
lite services, although a given service may be allocated different fre-
quency bands in different regions. Some of the services provided by
satellites are

Fixed satellite service (FSS)

Broadcasting satellite service (BSS)

Mobile satellite services

Navigational satellite services

Meteorological satellite services

There are many subdivisions within these broad classifications; for
example, the fixed satellite service provides links for existing tele-
phone networks as well as for transmitting television signals to cable
companies for distribution over cable systems. Broadcasting satellite
services are intended mainly for direct broadcast to the home, some-

times referred to as direct broadcast satellite (DBS) service [in Europe
it may be known as direct-to-home (DTH) service]. Mobile satellite ser-

TLFeBOOK



Overview of Satellite Systems 3

vices would include land mobile, maritime mobile, and aeronautical
mobile. Navigational satellite services include global positioning sys-
tems, and satellites intended for the meterorological services often
provide a search and rescue service.

Table 1.1 lists the frequency band designations in common use for
satellite services. The Ku band signifies the band under the K band,
and the Ka band is the band above the K band. The Ku band is the one
used at present for direct broadcast satellites, and it is also used for
certain fixed satellite services. The C band is used for fixed satellite
services, and no direct broadcast services are allowed in this band. The
VHF band is used for certain mobile and navigational services and for
data transfer from weather satellites. The L band is used for mobile
satellite services and navigation systems. For the fixed satellite ser-
vice in the C band, the most widely used subrange is approximately
4 to 6 GHz. The higher frequency is nearly always used for the uplink
to the satellite, for reasons which will be explained later, and common
practice is to denote the C band by 6/4 GHz, giving the uplink fre-
quency first. For the direct broadcast service in the Ku band, the most
widely used range is approximately 12 to 14 GHz, which is denoted by
14/12 GHz. Although frequency assignments are made much more pre-
cisely, and they may lie somewhat outside the values quoted here (an
example of assigned frequencies in the Ku band is 14,030 and 11,
730 MHz), the approximate values stated above are quite satisfactory
for use in calculations involving frequency, as will be shown later in
the text.

Care must be exercised when using published references to fre-
quency bands because the designations have developed somewhat dif-
ferently for radar and communications applications; in addition, not
all countries use the same designations. The official ITU frequency

TABLE 1.1 Frequency Band Designations

Frequency range, GHz Band designation
0.1-0.3 VHF
0.3-1.0 UHF
1.0-2.0 L
2.0-4.0 S
4.0-8.0 C
8.0-12.0 X

12.0-18.0 Ku
18.0-27.0 K
27.0-40.0 Ka
40.0-75 A%
75-110 w
110-300 mm
300-3000 pm
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4 Chapter One

band designations are shown in Table 1.2 for completeness. However,
in this text the designations given in Table 1.1 will be used, along
with 6/4 GHz for the C band and 14/12 GHz for the Ku band.

1.3 INTELSAT

INTELSAT stands for International Telecommunications Satellite.
The organization was created in 1964 and currently has over 140
member countries and more than 40 investing entities (see
http:/ lwww.intelsat.com/ for more details). Starting with the Early
Bird satellite in 1965, a succession of satellites has been launched at
intervals of a few years. Figure 1.1 illustrates the evolution of some of
the INTELSAT satellites. As the figure shows, the capacity, in terms
of number of voice channels, increased dramatically with each suc-
ceeding launch, as well as the design lifetime. These satellites are in
geostationary orbit, meaning that they appear to be stationary in rela-
tion to the earth. The geostationary orbit is the topic of Chap. 3. At this
point it may be noted that geostationary satellites orbit in the earth’s
equatorial plane and that their position is specified by their longitude.
For international traffic, INTELSAT covers three main regions, the
Atlantic Ocean Region (AOR), the Indian Ocean Region (IOR), and
the Pacific Ocean Region (POR). For each region, the satellites are
positioned in geostationary orbit above the particular ocean, where
they provide a transoceanic telecommunications route. The coverage
areas for INTELSAT VI are shown in Fig. 1.2. Traffic in the AOR is
about three times that in the IOR and about twice that in the IOR and
POR combined. Thus the system design is tailored mainly around AOR
requirements (Thompson and Johnston, 1983). As of May 1999, there
were three INTELSAT VI satellites in service in the AOR and two in
service in the IOR.

TABLE 1.2 ITU Frequency Band Designations

Frequency range Metric
Band (lower limit exclusive, Corresponding abbreviations
number Symbols upper limit inclusive) metric subdivision for the bands
4 VLF 3-30 kHz Myriametric waves B.Mam
5 LF 30-300 kHz Kilometric waves B.km
6 MF 300-3000 kHz Hectometric waves B.hm
7 HF 3-30 MHz Decametric waves B.dam
8 VHF 30-300 MHz Metric waves B.m
9 UHF 300-3000 MHz Decimetric waves B.dm
10 SHF 3-30 GHz Centimetric waves B.cm
11 EHF 30-300 GHz Millimetric waves B.mm
12 300-3000 GHz Decimillimetric waves

SOURCE: ITU Geneva.
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Designation: Intelsat I I Juls v \2 V A/VB VI
Year of first launch 1965 1966 1968 1971 1975 1980 1984/85 1986/87
Prime contractor Hughes Hughes TRW Hughes Hughes Ford Aerospace Ford Aerospace Hughes
Width {m) 0.7 1.4 1.4 24 2.4 20 20 36
Height (m) 0.6 0.7 1.0 5.3 6.8 6.4 6.4 6.4
. Atlas-Centaur Atlas-Centaur STS and

Launch vehicles Thor Delta Atlas-Centaur and Ariane and Ariane Ariane
Spacecraft mass in

transfer orbit (kg) 68 182 293 1385 1489 1946 2140 12,100/3720
Communications

payload mass {kg) 13 36 56 185 190 235 280 800
End-of-life (EOL)

power of equinox (W) 40 75 134 480 800 1270 1270 2200
Design lifetime {years) 1.5 3 5 7 7 7 7 10
Capacity (number of

voice channels} 480 480 2400 8000 12,000 25,000 30,000 80,000
Bandwidth (MHz) 50 130 300 500 800 2137 2480 3520

Figure 1.1 Evolution of INTELSAT satellites. (From Colino 1985; courtesy of ITU Telecommunications Journal.)
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6 Chapter One

Pacific Ocean

Figure 1.2 INTELSAT VI coverage areas. (From P. T. Thompson and E. C. Johnston,
INTELSAT VI: A New Satellite Generation for 1986-2000, International Journal of
Satellite Communications, vol. 1, 3-14. © John Wiley & Sons, Ltd.)

The INTELSAT VII-VII/A series was launched over a period from
October 1993 to June 1996. The construction is similar to that for the
V and VA/VB series shown in Fig. 1.1 in that the VII series has solar
sails rather than a cylindrical body. This type of construction is
described more fully in Chap. 7. The VII series was planned for service
in the POR and also for some of the less demanding services in the
AOR. The antenna beam coverage is appropriate for that of the POR.
Figure 1.3 shows the antenna beam footprints for the C-band hemi-
spheric coverage and zone coverage, as well as the spot beam coverage
possible with the Ku-band antennas (Lilly, 1990; Sachdev et al., 1990).
When used in the AOR, the VII series satellite is inverted north for
south (Lilly, 1990), minor adjustments then being needed only to opti-
mize the antenna patterns for this region. The lifetime of these satel-
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Figure 1.3 INTELSAT VII coverage (Pacific Ocean Region; global, hemispheric, and spot
beams). (From Lilly, 1990, with permission.)

lites ranges from 10 to 15 years depending on the launch vehicle.
Recent figures from the INTELSAT Web site give the capacity for the
INTELSAT VII as 18,000 two-way telephone circuits and 3 TV chan-
nels; up to 90,000 two-way telephone circuits can be achieved with the
use of “digital circuit multiplication.” The INTELSAT VII/A has a
capacity of 22,500 two-way telephone circuits and 3 TV channels; up to
112,500 two-way telephone circuits can be achieved with the use of
digital circuit multiplication. As of May 1999, four satellites were in
service over the AOR, one in the IOR, and two in the POR.

The INTELSAT VIII-VII/A series of satellites was launched over a
period February 1997 to June 1998. Satellites in this series have sim-
ilar capacity as the VII/A series, and the lifetime is 14 to 17 years.

It is standard practice to have a spare satellite in orbit on high-relia-
bility routes (which can carry preemptible traffic) and to have a ground
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spare in case of launch failure. Thus the cost for large international
schemes can be high; for example, series IX, described below, represents
a total investment of approximately $1 billion.

The INTELSAT IX satellites are the latest in the series (Table 1.3).
They will provide a much wider range of services than previously and
promise such services as Internet, direct-to-home (DTH) TV, tele-
medicine, tele-education, and interactive video and multimedia.

In addition to providing transoceanic routes, the INTELSAT satel-
lites are also used for domestic services within any given country and
regional services between countries. Two such services are Vista for
telephone and Intelnet for data exchange. Figure 1.4 shows typical
Vista applications.

1.4 U.S. Domsats

Domsat is an abbreviation for domestic satellite. Domestic satellites
are used to provide various telecommunications services, such as
voice, data, and video transmissions, within a country. In the United
States, all domsats are situated in geostationary orbit. As is well
known, they make available a wide selection of TV channels for the
home entertainment market, in addition to carrying a large amount of
commercial telecommunications traffic.

U.S. Domsats which provide a direct-to-home television service can
be classified broadly as high power, medium power, and low power
(Reinhart, 1990). The defining characteristics of these categories are
shown in Table 1.4.

The main distinguishing feature of these categories is the equivalent
isotropic radiated power (EIRP). This is explained in more detail in
Chap. 12, but for present purposes it should be noted that the upper
limit of EIRP is 60 dBW for the high-power category and 37 dBW for the
low-power category, a difference of 23 dB. This represents an increase in
received power of 1023 or about 200:1 in the high-power category, which
allows much smaller antennas to be used with the receiver. As noted in

TABLE 1.3 INTELSAT Series IX Geostationary Satellites

Satellite  Projected location Capacity Launch window
901 62°E Up to 96 units of 36 MHz  First quarter 2001
902 60°E Up to 96 units of 36 MHz  First quarter 2001
903 335.5°E Up to 96 units of 36 MHz  Second quarter 2001
904 342°E Up to 96 units of 36 MHz  Third quarter 2001
905 332.5°E Up to 96 units of 36 MHz  Fourth quarter 2001 to

first quarter 2002

906 332.5°E Up to 92 units of 36 MHz  To be determined
907 328.5°E Up to 96 units of 36 MHz  To be determined
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Figure 1.4 (a) Typical Vista application; (b) domestic/regional Vista network with standard
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TABLE 1.4 Defining Characteristics of Three Categories of United States
DBS Systems

High power Medium power Low power

Band Ku Ku C
Downlink frequency 12.2-12.7 11.7-12.2 3.7-4.2

allocation, GHz
Uplink frequency allocation, GHz 17.3-17.8 14-14.5 5.925-6.425
Space service BSS FSS FSS
Primary intended use DBS Point to point  Point to point
Allowed additional use Point to point DBS DBS
Terrestrial interference possible No No Yes
Satellite spacing, degrees 9 2 2-3
Satellite spacing determined by ITU FCC FCC
Adjacent satellite No Yes Yes

interference possible?
Satellite EIRP range, dBW 51-60 40-48 33-37

ITU: International Telecommunication Union; FCC: Federal Communications Commission.
SOURCE: Reinhart, 1990.

the table, the primary purpose of satellites in the high-power category
is to provide a DBS service. In the medium-power category, the primary
purpose is point-to-point services, but space may be leased on these
satellites for the provision of DBS services. In the low-power category,
no official DBS services are provided. However, it was quickly discov-
ered by home experimenters that a wide range of radio and TV pro-
gramming could be received on this band, and it is now considered to
provide a de facto DBS service, witness to which is the large number of
TV receive-only (TVRO) dishes which have appeared in the yards and
on the rooftops of homes in North America. TVRO reception of C-band
signals in the home is prohibited in many other parts of the world, part-
ly for aesthetic reasons because of the comparatively large dishes used,
and partly for commercial reasons. Many North American C-band TV
broadcasts are now encrypted, or scrambled, to prevent unauthorized
access, although this also seems to be spawning a new underground
industry in descramblers.

As shown in Table 1.4, true DBS service takes place in the Ku band.
Figure 1.5 shows the components of a direct broadcasting satellite sys-
tem (Government of Canada, 1983). The television signal may be
relayed over a terrestrial link to the uplink station. This transmits a
very narrowbeam signal to the satellite in the 14-GHz band. The satel-
lite retransmits the television signal in a wide beam in the 12-GHz
frequency band. Individual receivers within the beam coverage area
will receive the satellite signal.

Table 1.5 shows the orbital assignments for domestic fixed satellites
for the United States (FCC, 1996). These satellites are in geostation-
ary orbit, which is discussed further in Chap. 3. Table 1.6 shows the

TLFeBOOK



Overview of Satellite Systems 11

Studio

Uplink station Dl —
I L T
Figure 1.5 Components of a direct broadcasting satellite system. (From Government of
Canada, 1983, with permission.)

U.S. Ka-band assignments. Broadband services such as Internet (see
Chap. 15) can operate at Ka-band frequencies. In 1983, the U.S.
Federal Communications Commission (FCC) adopted a policy objec-
tive setting 2° as the minimum obital spacing for satellites operating
in the 6/4-GHz band and 1.5° for those operating in the 14/12-GHz
band (FCC, 1983). It is clear that interference between satellite cir-
cuits is likely to increase as satellites are positioned closer together.
These spacings represent the minimum presently achievable in each
band at acceptable interference levels. In fact, it seems likely that in
some cases home satellite receivers in the 6/4-GHz band may be sub-
ject to excessive interference where 2° spacing is employed.

1.5 Polar Orbiting Satellites

Polar orbiting satellites orbit the earth in such a way as to cover the
north and south polar regions. (Note that the term polar orbiting does
not mean that the satellite orbits around one or the other of the poles).
Figure 1.6 shows a polar orbit in relation to the geostationary orbit.
Whereas there is only one geostationary orbit, there are, in theory, an
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TABLE 1.5 FCC Orbital Assignment Plan (May 7, 1996)

Location Satellite Band/polarization

139°W.L. Aurora II/Satcom C-5 4/6 GHz (vertical)

139°W.L. ACS-3K (AMSC) 12/14 GHz

137°W.L. Satcom C-1 4/6 GHz (horizontal)

137°W.L. Unassigned 12/14 GHz

135°W.L. Satcom C-4 4/6 GHz (vertical)

135°W.L. Orion O-F4 12/14 GHz

133°W.L. Galaxy 1-R(S) 4/6 GHz (horizontal)

133°W.L. Unassigned 12/14 GHz

131°W.L. Satcom C-3 4/6 GHz (vertical)

131°W.L. Unassigned 12/14 GHz

129°W.L. Loral 1 4/6 GHz (horizontal)/12/14 GHz

127°W.L. Galaxy IX 4/6 GHz (vertical)

127°W.L. Unassigned 12/14 GHz

125°W.L. Galaxy 5-W 4/6 GHz (horizontal)

125°W.L. GSTAR II/unassigned 12/14 GHz

123°W.L. Galaxy X 4/6 GHz (vertical)/12/14 GHz

121°W.L. EchoStar FSS-2 12/14 GHz

105°W.L. GSTAR IV 12/14 GHz

103°W.L. GE-1 4/6 GHz (horizontal)

103°W.L. GSTAR 1/GE-1 12/14 GHz

101°W.L. Satcom SN-4 (formerly 4/6 GHz (vertical)/12/14 GHz
Spacenet IV-n)

99°W.L. Galaxy IV(H) 4/6 GHz (horizontal)/12/14 GHz

97°W.L. Telstar 401 4/6 GHz (vertical)/12/14 GHz

95°W.L. Galaxy ITI(H) 4/6 GHz (horizontal)/12/14 GHz

93°W.L. Telstar 5 4/6 GHz (vertical)

93°W.L. GSTAR IIl/Telstar 5 12/14 GHz

91°W.L. Galaxy VII(H) 4/6 GHz (horizontal)/12/14 GHz

89°W.L. Telestar 402R 4/6 GHz (vertical)/12/14 GHz

87°W.L. Satcom SN-3 (formerly  4/6 GHz (horizontal)/12/14 GHz
Spacenet I1I-R)/GE-4

85°W.L. Telstar 302/GE-2 4/6 GHz (vertical)

85°W.L. Satcom Ku-1/GE-2 12/14 GHz

83°W.L. Unassigned 4/6 GHz (horizontal)

83°W.L. EchoStar FSS-1 12/14 GHz

81°W.L. Unassigned 4/6 GHz (vertical)

81°W.L. Satcom Ku-2/ 12/14 GHz
unassigned

79°W.L. GE-5 4/6 GHz (horizontal)/12/14 GHz

77°W.L. Loral 2 4/6 GHz (vertical)/12/14 GHz

76°W.L. Comstar D-4 4/6 GHz (vertical)

74°W.L. Galaxy VI 4/6 GHz (horizontal)

74°W.L. SBS-6 12/14 GHz

72°W.L. Unassigned 4/6 GHz (vertical)

71°W.L. SBS-2 12/14 GHz

69°W.L. Satcom SN-2/Telstar 6 4/6 GHz (horizontal)/12/14 GHz

67°W.L. GE-3 4/6 GHz (vertical)/12/14 GHz

64°W.L. Unassigned 4/6 GHz (horizontal)

64°W.L. Unassigned 12/14 GHz

62°W.L. Unassigned 4/6 GHz (vertical)

62°W.L. ACS-2K (AMSC) 12/14 GHz

60°W.L. Unassigned 4/6 GHz

60°W.L. Unassigned 12/14 GHz

NOTES: FCC: Federal Communications Commission; W.L.: west longitude;

E.L.: east longitude.
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TABLE 1.6 Ka-Band Orbital Assignment Plan (FCC, May 9, 1997)

Location Company Band

147°W.L. Morning Star Satellite Company, L.L.C. 20/30 GHz
127°W.L. Under consideration 20/30 GHz
125°W.L. PanAmSat Licensee Corporation 20/30 GHz
121°W.L. Echostar Satellite Corporation 20/30 GHz
115°W.L. Loral Space & Communications, LTD. 20/30 GHz
113°W.L. VisionStar, Inc. 20/30 GHz
109.2°W.L. KaStar Satellite Communications Corp. 20/30 GHz
105°W.L. GE American Communications, Inc. 20/30 GHz
101°W.L. Hughes Communications Galaxy, Inc. 20/30 GHz
99°W.L. Hughes Communications Galaxy, Inc. 20/30 GHz
97°W.L. Lockheed Martin Corporation 20/30 GHz
95°W.L. NetSat 28 Company, L.L.C. 20/30 GHz
91°W.L. Comm, Inc. 20/30 GHz
89°W.L. Orion Network Systems 20/30 GHz
87°W.L. Comm, Inc. 20/30 GHz
85°W.L. GE American Communications, Inc. 20/30 GHz
83°W.L. Echostar Satellite Corporation 20/30 GHz
81°W.L. Orion Network Systems 20/30 GHz
77°W.L. Comm, Inc. 20/30 GHz
75°W.L. Comm, Inc. 20/30 GHz
73°W.L. KaStar Satellite Corporation 20/30 GHz
67°W.L. Hughes Communications Galaxy, Inc. 20/30 GHz
62°W.L. Morning Star Satellite Company, L.L.C. 20/30 GHz
58°W.L. PanAmSat Corporation 20/30 GHz
49°W.L. Hughes Communications Galaxy, Inc. 20/30 GHz
47°W.L. Orion Atlantic, L.P. 20/30 GHz
21.5°W.L. Lockheed Martin Corporation 20/30 GHz
17°W.L. GE American Communications, Inc. 20/30 GHz
25°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
28°E.L. Loral Space & Communications, LTD. 20/30 GHz
30°E.L. Morning Star Satellite Company, L.L.C. 20/30 GHz
36°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
38°E.L. Lockheed Martin Corporation 20/30 GHz
40°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
48°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
54°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
56°E.L. GE American Communications, Inc. 20/30 GHz
78°E.L. Orion Network Systems, Inc. 20/30 GHz
101°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
105.5°E.L. Loral Space & Communications, LTD. 20/30 GHz
107.5°E.L. Morning Star Satellite Company, L.L.C. 20/30 GHz
111°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
114.5°E.L. GE American Communications, Inc. 20/30 GHz
124.5°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
126.5°E.L. Orion Asia Pacific Corporation 20/30 GHz
130°E.L. Lockheed Martin Corporation 20/30 GHz
149°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
164°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
173°E.L. Hughes Communications Galaxy, Inc. 20/30 GHz
175.25°E.L. Lockheed Martin Corporation 20/30 GHz
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Height 36000 km

Equator

Meridians

The geostationary orbit

Figure 1.6 Geostationary orbit and one possible polar orbit.

infinite number of polar orbits. The U.S. experience with weather
satellites has led to the use of relatively low orbits, ranging in altitude
between 800 and 900 km, compared with 36,000 km for the geosta-
tionary orbit.

In the United States, the National Oceanic and Atmospheric
Administration (NOAA) operates a weather satellite system. Their Web
page can be found at hitp:/ /www.noaa.gov/. The system uses both geo-
stationary satellites, referred to as geostationary operational environ-
mental satellites (GOES), and polar operational environmental satellites
(POES). There are two of these polar satellites in orbit at any one time.
The orbits are circular, passing close to the poles, and they are sun syn-
chronous, meaning that they cross the equator at the same local time
each day. The morning orbit, at an altitude of 830 km, crosses the equa-
tor going from south to north at 7:30 A.M. each day, and the afternoon
orbit, at an altitude of 870 km, at 1:40 .M. The polar orbiters are able to
track weather conditions over the entire earth and provide a wide range
of data, including visible and infrared radiometer data for imaging pur-
poses, radiation measurements, and temperature profiles. They carry
ultraviolet sensors that measure ozone levels, and they can monitor the
ozone hole over Antarctica.

The polar orbiters carry a NOAA letter designation before launch,
which is changed to a numeric designation once the satellite achieves
orbit. NOAA-J, launched in December 1994, became NOAA-14 in oper-
ation. The new series, referred to as the KLM satellites, carries much
improved instrumentation. Some details are shown in Table 1.7. The
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TABLE 1.7 NOAA KLM Satellites

Launch date (callup basis) NOAA-K (NOAA-15): May 13, 1998
NOAA-L: September 14, 2000
NOAA-M: May 2001
NOAA-N: December 2003
NOAA-N: July 2007

Mission life 2 years minimum
Orbit Sun-synchronous, 833 = 19 km or 870 = 19 km
Sensors Advanced Very High Resolution Radiometer (AVHRR/3)

Advanced Microwave Sounding Unit-A (AMSU-A)
Advanced Microwave Sounding Unit-B (AMSU-B)
High Resolution Infrared Radiation Sounder (HIRS/3)
Space Environment Monitor (SEM/2)

Search and Rescue (SAR) Repeater and Processor
Data Collection System (DCS/2)

Argos data collection system (DCS) collects environmental data
radioed up from automatic data collection platforms on land, on ocean
buoys, and aboard free-floating balloons. The satellites process these
data and retransmit them to ground stations.

The NOAA satellites also participate in satellite search and rescue
(SAR) operations, known generally as Cospas-Sarsat, where Cospas
refers to the payload carried by participating Russian satellites and
Sarsat to the payloads carried by the NOAA satellites. Sarsat-6 is car-
ried by NOAA-14, and Sarsat-7 is carried by NOAA-15. The projected
payloads Sarsat-8 to Sarsat-10 will be carried by NOAA-L to NOAA-N.
The Cospas-Sarsat Web page is at http:/ /www.cospas-sarsat.org/. As of
January 2000, there were 32 countries formally associated with Cospas-
Sarsat. Originally, the system was designed to operate only with satel-
lites in low earth orbits (LEOs), this part of the search and rescue
system being known as LEOSAR. Later, the system was complemented
with geostationary satellites, this component being known as GEOSAR.
Figure 1.7 shows the combined LEOSAR-GEOSAR system.

The nominal space segment of LEOSAR consists of four satellites,
although as of January 2000 there were seven in total, three Cospas and
four Sarsat. In operation, the satellite receives a signal from an emer-
gency beacon set off automatically at the distress site. The beacon trans-
mits in the VHF/UHF range, at a precisely controlled frequency. The
satellite moves at some velocity relative to the beacon, and this results
in a Doppler shift in frequency received at the satellite. As the satellite
approaches the beacon, the received frequency appears to be higher
than the transmitted value. As the satellite recedes from the beacon, the
received frequency appears to be lower than the transmitted value.
Figure 1.8 shows how the beacon frequency, as received at the satellite,
varies for different passes. In all cases, the received frequency goes from
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LEOSAR Satellites

GEOSAR Satellites

Figure 1.7 Geostationary Orbit Search and Rescue (GEOSAR) and Low Earth Orbit
Search and Rescue (LEOSAR) satellites. (Courtesy Cospas-Sarsat Secretariat.)

Earth's
rotation

Satellite
orbit

(a) (b)

Figure 1.8 Polar orbiting satellite: (a) first pass; (b) second pass, earth having
rotated 25°. Satellite period is 102 min.
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Figure 1.9 Showing the Doppler shift in received frequency on successive passes of the
satellite. ELT = emergency locator transmitter.

being higher to being lower than the transmitted value as the satellite
approaches and then recedes from the beacon. The longest record and
the greatest change in frequency are obtained if the satellite passes
over the site, as shown for pass no. 2. This is so because the satellite is
visible for the longest period during this pass. Knowing the orbital para-
meters for the satellite, the beacon frequency, and the Doppler shift for
any one pass, the distance of the beacon relative to the projection of the
orbit on the earth can be determined. However, whether the beacon is
east or west of the orbit cannot be determined easily from a single pass.
For two successive passes, the effect of the earth’s rotation on the
Doppler shift can be estimated more accurately, and from this it can be
determined whether the beacon is approaching or receding from the
orbital path. In this way, the ambiguity in east-west positioning is
resolved. Figure 1.9 illustrates the Doppler shifts for successive passes.

The satellite must of course get the information back to an earth
station so that the search and rescue operation can be completed,
successfully one hopes. The Sarsat communicates on a downlink fre-
quency of 1544.5 MHz to one of several local user terminals (LUTs)
established at various locations throughout the world.
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In the original Cospas-Sarsat system, the signal from the emer-
gency locator transmitters (ELTs) was at a frequency of 121.5 MHz. It
was found that over 98 percent of the alerts at this frequency were
false, often being caused by interfering signals from other services
and by inappropriate handling of the equipment. The 121.5-MHz sys-
tem relies entirely on the Doppler shift, and the carrier does not
carry any identification information. The power is low, typically a few
tenths of a watt, which limits locational accuracy to about 10 to 20
km. There are no signal storage facilities aboard the satellites for the
121.5-MHz signals, which therefore requires that the distress site
(the ELT) and the local user terminal (LUT) must be visible simulta-
neously from the satellite. Because of these limitations, the 121.5-
MHz beacons are being phased out. Cospas-13, planned for launch in
2006, and Sarsat-14, planned for launch from 2009, will not carry
121.5-MHz beacons. However, all Cospas-Sarsat satellites launched
prior to these will carry the 121.5-MHz processors. (Recall that
Sarsat-7 is NOAA-15, Sarsat-8 is NOAA-L, Sarsat-9 is NOAA-M,
and Sarsat-10 is NOAA-N).

The status of the 121.5-MHz LEOSAR system as of January 2000
consisted of repeaters on seven polar orbiters, 35 ground receiving sta-
tions (referred to as LEOSAR local user terminals, or LEOLUTS), and
20 mission control centers (MCCs). The MCC alerts the rescue coordi-
nation center (RCC) nearest the location where the distress signal orig-
inated, and the RCC takes the appropriate action to effect a rescue.
There are about 600,000 distress beacons, carried mostly on aircraft
and small vessels.

Newer beacons operating at a frequency of 406 MHz are being intro-
duced. The power has been increased to 5 Watts, which should permit
locational accuracy to 3 to 5 km (Scales and Swanson, 1984). These are
known as emergency position indicating radio beacons (EPIRBs).
Units for personnel use are also available, known as personal locator
beacons (PLBs). The 406-MHz carrier is modulated with information
such as an identifying code, the last known position, and the nature of
the emergency. The satellite has the equipment for storing and for-
warding the information from a continuous memory dump, providing
complete worldwide coverage with 100 percent availability. The polar
orbiters, however, do not provide continuous coverage. The mean time
between a distress alert being sent and the appropriate search and
rescue coordination center being notified is estimated at 27 min satel-
lite storage time plus 44 min waiting time for a total delay of 71 min
(Cospas-Sarsat, 1994b).

The nominal frequency is 406 MHz, and originally, a frequency of
406.025 MHz was used. Because of potential conflict with the
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GEOSTAR system, the frequency is being moved to 406.028 MHz.
Beacons submitted for type approval after January 1, 2000 may oper-
ate at the new frequency, and after January 1, 2001, all beacons sub-
mitted for type approval must operate at a frequency of 406.028 MHz.
However, beacon types approved before the January 2001 date and still
in production may continue to operate at 406.025 MHz. The power of
the 406 MHz beacons is 5 watts.

As shown in Figure 1.7, the overall system incorporates GEOSAR
satellites. Because these are stationary, there is no Doppler shift.
However, the 406-MHz beacons for the GEOSTAR component carry posi-
tional information obtained from the Global Positioning Satellite (GPS)
system. The GPS system is described in Chap. 17. It should be noted that
the GEOSAR system does not provide coverage of the polar regions.

As mentioned previously, the NOAA satellites are placed in a low
earth orbit typified by the NOAA-J satellite. The NOAA-J satellite
will orbit the earth in approximately 102.12 min. The orbit is
arranged to rotate eastward at a rate of 0.9856°/day, to make it sun-
synchronous. Sun-synchronous orbits are discussed more fully in
Chap. 2, but very briefly, in a sun-synchronous orbit the satellite
crosses the same spot on the earth at the same local time each day.
One advantage of a sun-synchronous orbit is that the same area of the
earth can be viewed under approximately the same lighting condi-
tions each day. By definition, an orbital pass from south to north is
referred to as an ascending pass, and from north to south, as a
descending pass. The NOAA-J orbit crosses the equator at about 1:40
P.M. local solar time on its ascending pass and at about 1:40 A.M. local
solar time on its descending pass.

Because of the eastward rotation of the satellite orbit, the earth
rotates approximately 359° relative to it in 24 h of mean solar time
(ordinary clock time), and therefore, in 102.12 min the earth will have
rotated about 25.59° relative to the orbit. The satellite “footprint” is dis-
placed each time by this amount, as shown in Fig. 1.7. At the equator,
25.59° corresponds to a distance of about 2848 km. The width of ground
seen by the satellite sensors is about 5000 km, which means that some
overlap occurs between passes. The overlap is greatest at the poles.

1.6 Problems

1.1. Describe briefly the main advantages offered by satellite communica-
tions. Explain what is meant by a distance-insensitive communications system.

1.2. Comparisons are sometimes made between satellite and optical fiber
communications systems. State briefly the areas of application for which you
feel each system is best suited.
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1.3. Describe briefly the development of INTELSAT starting from the 1960s
through to the present. Information can be found at Web site
http:/ lwww.intelsat.com /.

1.4. From the Web page given above, find the positions of the INTELSAT 7
and the INTELSAT 8 series of satellites, as well as the number of C-band and
Ku-band transponders on each.

1.5. From Table 1.5, determine which satellites provide service to each of
the regions AOR, IOR, and POR.

1.6. Referring to Table 1.4, determine the power levels, in watts, for each of
the three categories listed.

1.7. From Table 1.5, determine typical orbital spacings in degrees for (a) the
6/4-GHz band and (b) the 14/12-GHz band.

1.8. Give reasons why the Ku band is used for the DBS service.

1.9. An earth station is situated at longitude 91°W and latitude 45°N.
Determine the range to the following satellites: (a) Galaxy VII, (b) Satcom
SN-3, and (c) Galaxy IV. A spherical earth of uniform mass and mean radius
6371 km may be assumed.

1.10. Given that the earth’s equatorial radius is 6378 km and the height of
the geostationary orbit is 36,000 km, determine the intersatellite distance
between the GE American Communications, Inc., satellite and the Hughes
Communications Galaxy, Inc., satellite, operating in the Ka band.

1.11. Explain what is meant by a polar orbiting satellite. ANOAA polar orbit-
ing satellite completes one revolution around the earth in 102 min. The satel-
lite makes a north to south equatorial crossing at longitude 90°W. Assuming
that the orbit is circular and crosses exactly over the poles, estimate the posi-
tion of the subsatellite point at the following times after the equatorial cross-
ing: (a) 0 h, 10 min; (b) 1 h, 42 min; (¢) 2 h, 0 min. A spherical earth of uniform
mass may be assumed.

1.12. By accessing the NOAA Web page at http:/ /www.noaa.gov/, find out
how the Geostationary Operational Environmental Satellites take part in
weather forecasting. Give details of the GOES-10 characteristics.

1.13. The Cospas-Sarsat Web site is at http:/ /www.cospas-sarsat.org. Access
this site and find out the number and location of the LEOLUTS in current use.

1.14. Using information obtained from the Cospas-Sarsat Web site, find out
which satellites carry (a) 406-MHz SAR processors (SARPs), (b) 406-MHz SAR
repeaters (SARRs), and (¢) 121.5-MHz SAR repeaters. What is the basic dif-
ference between a SARP and a SARR?
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Chapter

Orbits and Launching Methods

2.1 Introduction

Satellites (spacecraft) which orbit the earth follow the same laws that
govern the motion of the planets around the sun. From early times
much has been learned about planetary motion through careful obser-
vations. From these observations Johannes Kepler (1571-1630) was
able to derive empirically three laws describing planetary motion.
Later, in 1665, Sir Isaac Newton (1642-1727) was able to derive
Kepler’s laws from his own laws of mechanics and develop the theory
of gravitation [for very readable accounts of much of the work of these
two great men, see Arons (1965) and Bate et al. (1971)].

Kepler’s laws apply quite generally to any two bodies in space which
interact through gravitation. The more massive of the two bodies is
referred to as the primary, the other, the secondary, or satellite.

2.2 Kepler’s First Law

Kepler’s first law states that the path followed by a satellite around
the primary will be an ellipse. An ellipse has two focal points shown as
F, and F, in Fig. 2.1. The center of mass of the two-body system,
termed the barycenter, is always centered on one of the foci. In our spe-
cific case, because of the enormous difference between the masses of
the earth and the satellite, the center of mass coincides with the cen-
ter of the earth, which is therefore always at one of the foci.

The semimajor axis of the ellipse is denoted by @, and the semimi-
nor axis, by b. The eccentricity e is given by

\/a2 _ b2

e= ——— (2.1

21
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Major
axis \

Center of
ellipse

Figure 2.1 The foci F; and Fy, the semimajor axis a, and
the semiminor axis b of an ellipse.

The eccentricity and the semimajor axis are two of the orbital para-
meters specified for satellites (spacecraft) orbiting the earth. For an
elliptical orbit, 0 < e < 1. When e = 0, the orbit becomes circular. The
geometrical significance of eccentricity, along with some of the other
geometrical properties of the ellipse, is developed in App. B.

2.3 Kepler’'s Second Law

Kepler’s second law states that, for equal time intervals, a satellite
will sweep out equal areas in its orbital plane, focused at the
barycenter. Referring to Fig. 2.2, assuming the satellite travels dis-
tances S; and S, meters in 1 s, then the areas A; and A, will be
equal. The average velocity in each case is S; and S, meters per sec-
ond, and because of the equal area law, it follows that the velocity at
S, is less than that at S;. An important consequence of this is that
the satellite takes longer to travel a given distance when it is farther

5,

Satellite

Figure 2.2 Kepler’s second law. The areas A; and Ay swept
out in unit time are equal.
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away from earth. Use is made of this property to increase the length
of time a satellite can be seen from particular geographic regions of
the earth.

2.4 Kepler’s Third Law

Kepler’s third law states that the square of the periodic time of orbit
is proportional to the cube of the mean distance between the two bod-
ies. The mean distance is equal to the semimajor axis a. For the arti-
ficial satellites orbiting the earth, Kepler’s third law can be written in
the form

o = % (2.2)

where n is the mean motion of the satellite in radians per second and
W is the earth’s geocentric gravitational constant. With ¢ in meters, its
value is (see Wertz, 1984, Table L3).

p = 3.986005 X 10** m?/sec? (2.3)

Equation (2.2) applies only to the ideal situation of a satellite orbit-
ing a perfectly spherical earth of uniform mass, with no perturbing
forces acting, such as atmospheric drag. Later, in Sec. 2.8, the effects
of the earth’s oblateness and atmospheric drag will be taken into
account.

With n in radians per second, the orbital period in seconds is giv-
en by

pP=— (2.4)

The importance of Kepler’s third law is that it shows there is a fixed
relationship between period and size. One very important orbit in par-
ticular, known as the geostationary orbit, is determined by the rota-
tional period of the earth and is described in Chap. 3. In anticipation
of this, the approximate radius of the geostationary orbit is deter-
mined in the following example.

Example 2.1 (see App. H for Mathcad notation) Calculate the radius of
a circular orbit for which the period is 1-day.

solution The mean motion, in rad/day, is:
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Note that in Mathcad this will be automatically recorded in rad/s. Thus, for
the record:

n=7272-10°. rad
sec

The earth’s gravitational constant is
p: = 3.986005 - 10™ - m? - sec?

Kepler’s third law gives
1 y
a:= (*2 ) ’

a = 42241 - km

Since the orbit is circular the semimajor axis is also the radius.

2.5 Definitions of Terms for Earth-Orbiting
Satellites

As mentioned previously, Kepler’s laws apply in general to satellite
motion around a primary body. For the particular case of earth-orbit-
ing satellites, certain terms are used to describe the position of the
orbit with respect to the earth.

Apogee The point farthest from earth. Apogee height is shown as A, in Fig. 2.3.

Perigee The point of closest approach to earth. The perigee height is shown
as h, in Fig. 2.3.

Line of apsides The line joining the perigee and apogee through the center
of the earth.

Ascending node The point where the orbit crosses the equatorial plane
going from south to north.

Descending node The point where the orbit crosses the equatorial plane
going from north to south.

Line of nodes The line joining the ascending and descending nodes through
the center of the earth.

Inclination The angle between the orbital plane and the earth’s equatori-
al plane. It is measured at the ascending node from the equator to the
orbit, going from east to north. The inclination is shown as i in Fig. 2.3. It
will be seen that the greatest latitude, north or south, is equal to the incli-
nation.
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Sub-satellite

Figure 2.3 Apogee height h,, perigee height 4,, and
inclination i. [, is the line of apsides.

Prograde orbit An orbit in which the satellite moves in the same direction as the
earth’s rotation, as shown in Fig. 2.4. The prograde orbit is also known as a direct
orbit. The inclination of a prograde orbit always lies between 0 and 90°. Most
satellites are launched in a prograde orbit because the earth’s rotational velocity
provides part of the orbital velocity with a consequent saving in launch energy.

Retrograde orbit An orbit in which the satellite moves in a direction counter
to the earth’s rotation, as shown in Fig. 2.4. The inclination of a retrograde
orbit always lies between 90 and 180°.

Argument of perigee The angle from ascending node to perigee, measured in
the orbital plane at the earth’s center, in the direction of satellite motion. The
argument of perigee is shown as o in Fig. 2.5.

Right ascension of the ascending node To define completely the position
of the orbit in space, the position of the ascending node is specified.
However, because the earth spins, while the orbital plane remains station-
ary (slow drifts which do occur are discussed later), the longitude of the
ascending node is not fixed, and it cannot be used as an absolute reference.
For the practical determination of an orbit, the longitude and time of cross-
ing of the ascending node are frequently used. However, for an absolute
measurement, a fixed reference in space is required. The reference chosen
is the first point of Aries, otherwise known as the vernal, or spring, equinox.
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N
Retrog»rade Prograde
orbit > orbit
)(‘3000
/"’e/,s/ . Equator
*190 | L~ g
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90° o v eof

Meridians

Figure 2.4 Prograde and retrograde orbits.

Equatorial

Line of
nodes

Figure 2.5 The argument of perigee » and the right ascen-
sion of the ascending node ().

The vernal equinox occurs when the sun crosses the equator going from
south to north, and an imaginary line drawn from this equatorial crossing
through the center of the sun points to the first point of Aries (symbol Y).
This is the line of Aries. The right ascension of the ascending node is then
the angle measured eastward, in the equatorial plane, from the Y line to the
ascending node, shown as () in Fig. 2.5.
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Mean anomaly Mean anomaly M gives an average value of the angular posi-
tion of the satellite with reference to the perigee. For a circular orbit, M gives
the angular position of the satellite in the orbit. For elliptical orbit, the posi-
tion is much more difficult to calculate, and M is used as an intermediate step
in the calculation as described in Sec. 2.9.5.

True anomaly The true anomaly is the angle from perigee to the satellite
position, measured at the earth’s center. This gives the true angular position
of the satellite in the orbit as a function of time. A method of determining the
true anomaly is described in Sec. 2.9.5.

2.6 Orbital Elements

Earth-orbiting artificial satellites are defined by six orbital elements
referred to as the keplerian element set. Two of these, the semimajor
axis a and the eccentricity e described in Sec. 2.2, give the shape of the
ellipse. A third, the mean anomaly M,, gives the position of the satel-
lite in its orbit at a reference time known as the epoch. A fourth, the
argument of perigee w, gives the rotation of the orbit’s perigee point
relative to the orbit’s line of nodes in the earth’s equatorial plane. The
remaining two elements, the inclination i and the right ascension of
the ascending node (), relate the orbital plane’s position to the earth.
These four elements are described in Sec. 2.5.

Because the equatorial bulge causes slow variations in o and (), and
because other perturbing forces may alter the orbital elements slight-
ly, the values are specified for the reference time or epoch, and thus the
epoch also must be specified.

Appendix C lists the two-line elements provided to users by the U.S.
National Aeronautics and Space Administration (NASA). The two-line
elements may be downloaded from the Web site shown in Fig. 2.6.

TABLE 2.1 Details from the NASA Bulletins (see Fig. 2.6 and App. C)

Line no. Columns Description
1 3-7 Satellite number: 25338
1 19-20 Epoch year (last two digits of the year): 00
1 21-32 Epoch day (day and fractional day of the year):
223.79688452 (this is discussed further in Sec. 2.9.2).
1 34-43 First time derivative of the mean motion (rev/day2): 0.00000307
2 9-16 Inclination (degrees): 98.6328
2 18-25 Right ascension of the ascending node (degrees): 251.5324
2 27-33 Eccentricity (leading decimal point assumed): 0011501
2 35-42 Argument of perigee (degrees): 113.5534
2 44-51 Mean anomaly (degrees): 246.6853
2 53-63 Mean motion (rev/day): 14.23304826
2 64-68 Revolution number at epoch (rev/day): 11,663
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It will be seen that the semimajor axis is not specified, but this can
be calculated from the data given. An example calculation is present-
ed in Example 2.2.

Example 2.2 Calculate the semimajor axis for the satellite parameters
given in Table 2.1.

solution The mean motion is given in Table 2.1 as
NN : = 14.22296917 - day !
This can be converted to rad/sec as
ng:=NN-2- -7

(Note that Mathcad automatically converts time to the fundamental unit of
second.) Equation (2.3) gives

p: = 3.986005 - 10* - m? - sec”?

Kepler’s 3rd law gives

L[V
a.—<n02>

a="71923 - km

2.7 Apogee and Perigee Heights

Although not specified as orbital elements, the apogee height and
perigee height are often required. As shown in App. B, the length of the
radius vectors at apogee and perigee can be obtained from the geome-
try of the ellipse:

a(l+e) (2.5)

Ta

r,=a(l—e) (2.6)

In order to find the apogee and perigee heights, the radius of the
earth must be subtracted from the radii lengths, as shown in the fol-
lowing example.

Example 2.3 Calculate the apogee and perigee heights for the orbital para-
meters given in Table 2.1. Assume a mean earth radius of 6371 km.

solution The required data from Table 2.1 are: e : = .0011501 a : =
7192.3-km. (Note that the value for ¢ was determined in Example 2.2.)
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Given data:

R:=6371"km
r,:=a-1+e) ...Eq. (2.5) ry, = 7200.6 - km
rp:=a-(1-e) ...Eq. (2.6) r, = 7184.1 - km
hy:=r,— R h, = 829.6 - km
h,:=r, - R h, = 813.1 - km

2.8 Orbit Perturbations

The type of orbit described so far, referred to as a keplerian orbit, is
elliptical for the special case of an artificial satellite orbiting the
earth. However, the keplerian orbit is ideal in the sense that it
assumes that the earth is a uniform spherical mass and that the
only force acting is the centrifugal force resulting from satellite
motion balancing the gravitational pull of the earth. In practice, oth-
er forces which can be significant are the gravitational forces of the
sun and the moon and atmospheric drag. The gravitational pulls of
sun and moon have negligible effect on low-orbiting satellites, but
they do affect satellites in the geostationary orbit as described in
Sec. 3.5. Atmospheric drag, on the other hand, has negligible effect
on geostationary satellites but does affect low-orbiting earth satel-
lites below about 1000 km.

2.8.1 Effects of a nonspherical earth

For a spherical earth of uniform mass, Kepler’s third law (Eq. 2.2)
gives the nominal mean motion n, as

n = | 2.7
a

The 0 subscript is included as a reminder that this result applies
for a perfectly spherical earth of uniform mass. However, it is known
that the earth is not perfectly spherical, there being an equatorial
bulge and a flattening at the poles, a shape described as an oblate
spheroid. When the earth’s oblateness is taken into account, the
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mean motion, denoted in this case by symbol n, is modified to
(Wertz, 1984).

B . 9.
" :no[ 1+ K; (1 — 1.5 sin%) ] 2.8)

aZ (1 _ e2)1.5

K, is a constant which evaluates to 66,063.1704 km2. The earth’s oblate-
ness has negligible effect on the semimajor axis a, and if a is known, the
mean motion is readily calculated. The orbital period taking into account
the earth’s oblateness is termed the anomalistic period (e.g., from perigee
to perigee). The mean motion specified in the NASA bulletins is the reci-
procal of the anomalistic period. The anomalistic period is

P, = 2m sec (2.9
n

where n is in radians per second.

If the known quantity is n (as is given in the NASA bulletins, for
example), one can solve Eq. (2.8) for a, keeping in mind that n, is also
a function of a. Equation (2.8) may be solved for a by finding the root
of the following equation:

/ K, (1 — 1.5 sin%)
n- 5 [1 + £O 155 ] ~ 0 (2.10)

This is illustrated in the following example.

Example 2.4 A satellite is orbiting in the equatorial plane with a period
from perigee to perigee of 12 h. Given that the eccentricity is 0.002, calcu-
late the semimajor axis. The earth’s equatorial radius is 6378.1414 km.

solution Given data:

e:=.002 i:=0"-deg P:=12 -hr

K; : = 66063.1704 - km? ap : = 6378.1414 - km
p: = 3.986005 - 10* - m? - sec?

The mean motion is

Kepler’s third law gives
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a = 26597 - km ...This is the nonperturbed value which can be used as
====== a guess value for the root function.

— .l \2
a::root[n—( %).[1+ K1:2.(1-5_ eszg?5(1))]’a}

The oblateness of the earth also produces two rotations of the
orbital plane. The first of these, known as regression of the nodes, is
where the nodes appear to slide along the equator. In effect, the line
of nodes, which is in the equatorial plane, rotates about the center of
the earth. Thus (), the right ascension of the ascending node, shifts its
position.

If the orbit is prograde (see Fig. 2.4), the nodes slide westward, and
if retrograde, they slide eastward. As seen from the ascending node, a
satellite in prograde orbit moves eastward, and in a retrograde orbit,
westward. The nodes therefore move in a direction opposite to the
direction of satellite motion, hence the term regression of the nodes.
For a polar orbit (i = 90°), the regression is zero.

The second effect is rotation of apsides in the orbital plane,
described below. Both effects depend on the mean motion n, the semi-
major axis a, and the eccentricity e. These factors can be grouped into
one factor K given by

k- K (2.11)

K will have the same units as n. Thus, with n in rad / day, K will be
in rad / day, and with n in °/day, K will be in °/day. An approximate
expression for the rate of change of () with respect to time is (Wertz,
1984)

@ = —-Kcosi (2.12)

dt

where i is the inclination.
The rate of regression of the nodes will have the same units as n.
When the rate of change given by Eq. (2.12) is negative, the regres-
sion is westward, and when the rate is positive, the regression is east-
ward. It will be seen, therefore, that for eastward regression, i must be
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greater than 90°, or the orbit must be retrograde. It is possible to
choose values of a, e, and i such that the rate of rotation is 0.9856°/day
eastward. Such an orbit is said to be sun-synchronous and is described
further in Sec. 2.10.

In the other major effect produced by the equatorial bulge, rota-
tion of the line of apsides in the orbital plane, the argument of
perigee changes with time, in effect, the rate of change being given
by (Wertz, 1984)

dw

aw _ . 2.
dt K (2 — 2.5 sin“1) (2.13)

Again, the units for the rate of rotation of the line of apsides will be the
same as those for n.

When the inclination i is equal to 63.435°, the term within the
parentheses is equal to zero, and hence no rotation takes place. Use is
made of this fact in the orbit chosen for the Russian Molniya satellites
(see Probs. 2.23 and 2.24).

Denoting the epoch time by #,, the right ascension of the ascending
node by Q,, and the argument of perigee by w, at epoch gives the new
values for () and o at time ¢ as

dn
Q=00+ S5t~ to) (2.14)
d
® =+ d—‘;’ t — to (2.15)

Keep in mind that the orbit is not a physical entity, and it is the
forces resulting from an oblate earth which act on the satellite to pro-
duce the changes in the orbital parameters. Thus, rather than follow a
closed elliptical path in a fixed plane, the satellite drifts as a result of
the regression of the nodes, and the latitude of the point of closest
approach (the perigee) changes as a result of the rotation of the line of
apsides. With this in mind, it is permissible to visualize the satellite as
following a closed elliptical orbit but with the orbit itself moving rela-
tive to the earth as a result of the changes in () and w. Thus, as stat-
ed above, the period P, is the time required to go around the orbital
path from perigee to perigee, even though the perigee has moved rela-
tive to the earth.

Suppose, for example, that the inclination is 90° so that the regres-
sion of the nodes is zero (from Eq. 2.12), and the rate of rotation of
the line of apsides is —K/2 (from Eq. 2.13), and further, imagine the
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situation where the perigee at the start of observations is exactly
over the ascending node. One period later the perigee would be at an
angle —KP,/2 relative to the ascending node or, in other words, would
be south of the equator. The time between crossings at the ascending
node would be B (1 + K/2n), which would be the period observed from
the earth. Recall that K will have the same units as n, e.g., radians
per second.

Example 2.5 Determine the rate of regression of the nodes and the rate of
rotation of the line of apsides for the satellite parameters specified in Table
2.1. The value for a obtained in Example 2.2 may be used.

solution from Table 2.1 and Example 2.2:
i:=98.6328 - deg e:=.0011501
n: = 14.23304826 - day ! a:= 7192.3 - km

Known constant: K, : =66063.1704-km?

n:=2-m-n ...Converts n to SI units of rad/sec.
. nK _ . deg
K:= 2 (1 2F K =6.544 day
, . , deg
:=—-K- cos (1) O =0982 - —=
day

w:=K-(2-25-sin((» o =-2903  —=>

Example 2.6 Calculate, for the satellite in Example 2.5, the new values for
 and ) one period after epoch.

solution From Example 2.5:

=982 & .- _9go3. de8
day day

From Table 2.1:

n:= 1423304826 - day !  wo: = 113.5534 -deg  Qp: = 251.5324 - deg
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The period is

PA = l

n
Q:=00+ Q- -B Q = 251.601 - deg
o =wgt+ o P o = 113.349 - deg

In addition to the equatorial bulge, the earth is not perfectly circu-
lar in the equatorial plane; it has a small eccentricity of the order of
10-5. This is referred to as the equatorial ellipticity. The effect of the
equatorial ellipticity is to set up a gravity gradient which has a pro-
nounced effect on satellites in geostationary orbit (Sec. 7.4). Very
briefly, a satellite in geostationary orbit ideally should remain fixed
relative to the earth. The gravity gradient resulting from the equator-
ial ellipticity causes the satellites in geostationary orbit to drift to one
of two stable points, which coincide with the minor axis of the equato-
rial ellipse. These two points are separated by 180° on the equator and
are at approximately 75° E longitude and 105° W longitude. Satellites
in service are prevented from drifting to these points through station-
keeping maneuvers, described in Sec. 7.4. Because old, out-of-service
satellites eventually do drift to these points, they are referred to as
“satellite graveyards.”

It may be noted that the effect of equatorial ellipticity is negligible
on most other satellite orbits.

2.8.2 Atmospheric Drag

For near-earth satellites, below about 1000 km, the effects of atmos-
pheric drag are significant. Because the drag is greatest at the perigee,
the drag acts to reduce the velocity at this point, with the result that
the satellite does not reach the same apogee height on successive rev-
olutions. The result is that the semimajor axis and the eccentricity are
both reduced. Drag does not noticeably change the other orbital para-
meters, including perigee height. In the program used for generating
the orbital elements given in the NASA bulletins, a “pseudo-drag”
term is generated which is equal to one-half the rate of change of mean
motion (ADC USAF, 1980). An approximate expression for the change
of major axis is

- no 2/3
a=a [no e = to)] (2.16)
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The mean anomaly is also changed. An approximate expression for
the amount by which it changes is

no,
oM = o5 (t — t)? (2.17)

From Table 2.1 it is seen that the first time derivative of the mean
motion is listed in columns 34—43 of line 1 of the NASA bulletin. For
the example shown in Fig. 2.6, this is 0.00000307 rev/day?. Thus the
changes resulting from the drag term will be significant only for long
time intervals and for present purposes will be ignored. For a more
accurate analysis, suitable for long-term predictions, the reader is
referred to ADC USAF (1980).

2.9 Inclined Orbits

A study of the general situation of a satellite in an inclined elliptical
orbit is complicated by the fact that different parameters are referred
to different reference frames. The orbital elements are known with ref-
erence to the plane of the orbit, the position of which is fixed (or slow-
ly varying) in space, while the location of the earth station is usually
given in terms of the local geographic coordinates which rotate with
the earth. Rectangular coordinate systems are generally used in cal-
culations of satellite position and velocity in space, while the earth sta-
tion quantities of interest may be the azimuth and elevation angles
and range. Transformations between coordinate systems are therefore
required.

Here, in order to illustrate the method of calculation for elliptical
inclined orbits, the problem of finding the earth station look angles and
range will be considered. It should be kept in mind that with inclined
orbits the satellites are not geostationary, and therefore, the required
look angles and range will change with time. Detailed and very read-
able treatments of orbital properties in general will be found, for exam-
ple, in Bate et al. (1971) and Wertz (1984). Much of the explanation and
the notation in this section is based on these two references.

Determination of the look angles and range involves the following
quantities and concepts:

1. The orbital elements, as published in the NASA bulletins and
described in Sec. 2.6

2. Various measures of time

3. The perifocal coordinate system, which is based on the orbital plane

4. The geocentric-equatorial coordinate system, which is based on the
earth’s equatorial plane
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5. The topocentric-horizon coordinate system, which is based on the
observer’s horizon plane

The two major coordinate transformations which are needed are as
follows:

®m The satellite position measured in the perifocal system is trans-
formed to the geocentric-horizon system in which the earth’s rota-
tion is measured, thus enabling the satellite position and the earth
station location to be coordinated.

m The satellite-to-earth station position vector is transformed to the
topocentric-horizon system, which enables the look angles and range
to be calculated.

2.9.1 Calendars

A calendar is a timekeeping device in which the year is divided into
months, weeks, and days. Calendar days are units of time based on the
earth’s motion relative to the sun. Of course, it is more convenient to
think of the sun moving relative to the earth. This motion is not uni-
form, and so a fictitious sun, termed the mean sun, is introduced.

The mean sun does move at a uniform speed but otherwise requires
the same time as the real sun to complete one orbit of the earth, this
time being the tropical year. A day measured relative to this mean sun
is termed a mean solar day. Calendar days are mean solar days, and
generally they are just referred to as days.

A tropical year contains 365.2422 days. In order to make the calen-
dar year, also referred to as the civil year, more easily usable, it is nor-
mally divided into 365 days. The extra 0.2422 of a day is significant,
and for example, after 100 years, there would be a discrepancy of 24
days between the calendar year and the tropical year. Julius Caesar
made the first attempt to correct for the discrepancy by introducing
the leap year, in which an extra day is added to February whenever the
year number is divisible by four. This gave the Julian calendar, in
which the civil year was 365.25 days on average, a reasonable approx-
imation to the tropical year.

By the year 1582, an appreciable discrepancy once again existed
between the civil and tropical years. Pope Gregory XIII took matters
in hand by abolishing the days October 5 through October 14, 1582, to
bring the civil and tropical years into line and by placing an addition-
al constraint on the leap year in that years ending in two zeros must
be divisible by 400 to be reckoned as leap years. This dodge was used
to miss out 3 days every 400 years. The resulting calendar is the
Gregorian calendar, which is the one in use today.
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Example 2.7 Calculate the average length of the civil year in the
Gregorian calendar.

solution The nominal number of days in 400 years is 400 X 365 = 146,000.
The nominal number of leap years is 400/4 = 100, but this must be reduced
by 3, and therefore, the number of days in 400 years of the Gregorian cal-
endar is 146,000 + 100 — 3 = 146,097. This gives a yearly average of
146,097/400 = 365.2425.

In calculations requiring satellite predictions, it is necessary to
determine whether a year is a leap year or not, and the simple rule is:
If the year number ends in two zeros and is divisible by 400, it is a leap
year. Otherwise, if the year number is divisible by 4, it is a leap year.

Example 2.8 Determine which of the following years are leap years: (a)
1987, (b) 1988, (c) 2000, (d) 2100.

solution

a) 1987/4 = 496.75 (therefore, 1987 is not a leap year)
b) 1988/4 = 497 (therefore, 1988 is a leap year)
(c) 2000/400 = 5 (therefore, 2000 is a leap year)
(d) 2100/400 = 5.25 (therefore, 2100 is not a leap year)

2.9.2 Universal time

Universal time coordinated (UTC) is the time used for all civil timekeep-
ing purposes, and it is the time reference which is broadcast by the
National Bureau of Standards as a standard for setting clocks. It is based
on an atomic time-frequency standard. The fundamental unit for UTC is
the mean solar day [see App. J in Wertz (1984)]. In terms of “clock time,”
the mean solar day is divided into 24 hours, an hour into 60 minutes, and
a minute into 60 seconds. Thus there are 86,400 “clock seconds” in a
mean solar day. Satellite-orbit epoch time is given in terms of UTC.

Example 2.9 Calculate the time in days, hours, minutes, and seconds for
the epoch day 324.95616765.

solution This represents the 324th day of the year plus 0.95616765 mean
solar day. The decimal fraction in hours is 24 X 0.95616765 = 22.948022;
the decimal fraction of this, 0.948022, in minutes is 60 X 0.948022 =
56.881344; the decimal fraction of this in seconds is 60 X 0.881344 =
52.88064. The epoch is at 22 h, 56 min, 52.88 s on the 324th day of the year.

Universal time coordinated is equivalent to Greenwich mean time
(GMT), as well as Zulu (Z) time. There are a number of other “univer-
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sal time” systems, all interrelated (see Wertz, 1984) and all with the
mean solar day as the fundamental unit. For present purposes, the
distinction between these systems is not critical, and the term univer-
sal time, abbreviation UT, will be used from now on.

For computations, UT will be required in two forms: as a fraction of
a day and in degrees. Given UT in the normal form of hours, minutes,
and seconds, it is converted to fractional days as

1 minutes seconds
Ty = — (h + + 2.1
UTaw = 5 (hours 60 3600 (2.18)

In turn, this may be converted to degrees as

UT® = 360 X UTgyy (2.19)

2.9.3 Julian dates’

Calendar times are expressed in UT, and although the time interval
between any two events may be measured as the difference in their
calendar times, the calendar time notation is not suited to computa-
tions where the timing of many events has to be computed. What is
required is a reference time to which all events can be related in deci-
mal days. Such a reference time is provided by the Julian zero time
reference, which is 12 noon (12:00 UT) on January 1 in the year 4713
B.C.! Of course, this date would not have existed as such at the time; it
is a hypothetical starting point which can be established by counting
backward according to a certain formula. For details of this intriguing
time reference, see Wertz (1984). The important point is that ordinary
calendar times are easily converted to Julian dates, measured on a
continuous time scale of Julian days. To do this, first determine the
day of the year, keeping in mind that day zero, denoted as Jan 0, is
December 31. For example, noon on December 31 is denoted as Jan
0.5, and noon on January 1 is denoted as Jan 1.5. It may seem strange
that the last day of December should be denoted as “day zero in
January,” but it will be seen that this makes the day count correspond
to the actual calendar day.

A general method for calculating the Julian day for any date and
time is given in Duffett-Smith (1986, p. 9). The Mathcad routine based
on this is illustrated in the following example.

Example 2.10 Find the Julian day for 13 h UT on 18 December 2000.

Tt should be noted that the Julian date is not associated with the Julian calendar
introduced by Julius Caesar
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solution Enter the 4-digit year:

y : = 2000
Enter the month number:

mon : = 12

Enter the day number of the month:

dy : = 18 - day
Enter the time of day:
hours : = 13 - hr minutes : = 0 - min seconds : = 0 - sec
d : = dy + hours + minutes + seconds

y:=if(mon =2,y — 1,y)

mon : = if (mon = 2, mon + 12, mon)

- Yy
A: ﬂoor(loo)

B::2—A+ﬂoor(%>
C: = floor (365 - 25 y)

D: = floor (30.6001 - (mon + 1))

JD:=B - day + C-day + D - day + d + 1720994.5 - day
JD : = 2451897.0417 - day

In Sec. 2.9.7, certain calculations require a time interval measured
in Julian centuries, where a Julian century consists of 36,525 mean
solar days. The time interval is reckoned from a reference time of
January 0.5, 1900, which corresponds to 2,415,020 Julian days.
Denoting the reference time as JD,,; the Julian century by JC, and the
time in question by JD, then the interval in Julian centuries from the
reference time to the time in question is given by

T = % 2.20)

This is illustrated in the following example.
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Example 2.11 Find the time in Julian centuries from the reference time
January 0.5, 1900 to 13 h UT on 18 December 2000.

solution

JID,e: = 2415020 - day

JC: = 36525 - day
From Example 2.10:
JD : = 2451897.0417 - day
Equation (2.20) gives

_ JD — JDy

T: JC

T = 1.00963838

Note that the time units are days and T is dimensionless.

2.9.4 Sidereal time

Sidereal time is time measured relative to the fixed stars (Fig. 2.7). It
will be seen that one complete rotation of the earth relative to the fixed

1 Sidereal
day
1Solar § Sun

To fixed
stars

Figure 2.7 A sidereal day, or one rotation of the earth relative to
fixed stars, is shorter than a solar day.
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stars is not a complete rotation relative to the sun. This is because the
earth moves in its orbit around the sun.

The sidereal day is defined as one complete rotation of the earth
relative to the fixed stars. One sidereal day has 24 sidereal hours,
one sidereal hour has 60 sidereal minutes, and one sidereal minute
has 60 sidereal seconds. Care must be taken to distinguish between
sidereal times and mean solar times which use the same basic sub-
divisions. The relationships between the two systems, given in Bate
et al. (1971), are

1 mean solar day = 1.0027379093 mean sidereal days
= 24" 3™ 56° .55536 sidereal time (2.21)
= 86,636.55536 mean sidereal seconds

1 mean sidereal day = 0.9972695664 mean solar days
= 23" 56™ 04° .09054 mean solar time (2.22)
= 86,164.09054 mean solar seconds

Measurements of longitude on the earth’s surface require the use of
sidereal time (discussed further in Sec. 2.9.7). The use of 23 h, 56 min
as an approximation for the mean sidereal day will be used later in
determining the height of the geostationary orbit.

2.9.5 The orbital plane

In the orbital plane, the position vector r and the velocity vector v
specify the motion of the satellite, as shown in Fig. 2.8. For present
purposes, only the magnitude of the position vector is required. From
the geometry of the ellipse (see App. B), this is found to be

_ a(l—e?

1+ecosv (2.23)

The true anomaly v is a function of time, and determining it is one of
the more difficult steps in the calculations.

The usual approach to determining v proceeds in two stages.
First, the mean anomaly M at time ¢ is found. This is a simple cal-
culation:

M=n@¢-1T (2.24)

Here, n is the mean motion, as previously defined in Eq. (2.8), and T
is the time of perigee passage.
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Orbit

Figure 2.8 Perifocal coordinate system (PQW frame).

The time of perigee passage T can be eliminated from Eq. (2.24) if one
is working from the elements specified by NASA. For the NASA elements,

My=n@ -1
Therefore,
T=t — My (2.25)
n
Hence, substituting this in Eq. (2.24) gives
M=M,+n{—t) (2.26)

Consistent units must be used throughout. For example, with n in
degrees/day, time (t — t,) must be in days and M, in degrees, and M
will then be in degrees.

Example 2.12 Calculate the time of perigee passage for the NASA ele-
ments given in Table 2.1.

solution The specified values at epoch are mean motion n = 14.23304826
rev/day, mean anomaly M, = 246.6853°, and ¢, = 223.79688452 days. In this
instance it is only necessary to convert the mean motion to degrees/day,
which is 360n. Applying Eq. (2.25) gives
246.6853
14.23304826 X 360

T = 223.79688452 —

= 223.79604425 days
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Once the mean anomaly M is known, the next step is to solve an
equation known as Kepler’s equation. Kepler’s equation is formulated
in terms of an intermediate variable E, known as the eccentric anom-
aly, and is usually stated as

M=FE —esinFE (2.27)

This rather innocent looking equation requires an iterative solution,
preferably by computer. The following example in Mathcad shows how
to solve for E as the root of the equation

M- (E—esinE)=0 (2.28)

Example 2.13 Given that the mean anomaly is 205 degrees and the eccen-
tricity 0.0025, calculate the eccentric anomaly.

solution

M: = 205 - deg e: = 0.0025
E:=mo ...This is the initial guess value for E.

E:=root(M - E +e-sin(E), E) ...This is the root equation
which Mathcad solves for E.

E = 204.938 - deg

Once E is found, v can be found from an equation known as Gauss’
equation, which is

v 1+e E
tan 5 = R tan 9 (2.29)

It may be noted that r, the magnitude of the radius vector, also can
be obtained as a function of £ and is

r=a(l—ecoskE) (2.30)

For near-circular orbits where the eccentricity is small, an approxi-
mation for v directly in terms of M is

v=M + 2e sin M + % e? sin 2M (2.31)

Note that the first M term on the right-hand side must be in radians,
and v will be in radians.
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Example 2.14 For satellite no. 14452 the eccentricity is given in the NASA
prediction bulletin as 9.5981 X 1072 and the mean anomaly at epoch as
204.9779°. The mean motion is 14.2171404 rev/day. Calculate the true
anomaly and the magnitude of the radius vector 5 s after epoch. The semi-
major axis is known to be 7194.9 km.

solution

_ 14.2171404 X 27 _
n= 36400 =(0.001 rad/s

M = 204.9779 + 0.001 X % X 5

= 205.27° or 3.583 rad

Since the orbit is near-circular (small eccentricity), Eq. (2.26) may be used
to calculate the true anomaly v as

v=3.583 + 2 X 9.5981 X 102 X sin 205.27 + %/, X 9.5981% X
10 sin (2 X 205.27)

= 3.575 rad

= 204.81°

Applying Eq. (2.23) gives r as

71949 X (1 —9.5981> x 10°%)
= 11 (95981 x 10°°) x cos 204.81 207 km

The magnitude r of the position vector r may be calculated by either
Eq. (2.23) or Eq. (2.30). It may be expressed in vector form in the perifo-
cal coordinate system. Here, the orbital plane is the fundamental plane,
and the origin is at the center of the earth (only earth-orbiting satellites
are being considered). The positive x axis lies in the orbital plane and
passes through the perigee. Unit vector P points along the positive x axis
as shown in Fig. 2.8. The positive y axis is rotated 90° from the x axis in
the orbital plane, in the direction of satellite motion, and the unit vector
is shown as Q. The positive z axis is normal to the orbital plane such that
coordinates xyz form a right-hand set, and the unit vector is shown as W.
The subscript w is used to distinguish the xyz coordinates in this system,
as shown in Fig. 2.8. The position vector in this coordinate system, which
will be referred to as the PQW frame, is given by

r=(rcosv)P + (rsinv) Q (2.32)
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The perifocal system is very convenient for describing the motion of
the satellite. If the earth were uniformly spherical, the perifocal coor-
dinates would be fixed in space, i.e., inertial. However, the equatorial
bulge causes rotations of the perifocal coordinate system, as described
in Sec. 2.8.1. These rotations are taken into account when the satellite
position is transferred from perifocal coordinates to geocentric-equato-
rial coordinates, described in the next section.

Example 2.15 Using the values r = 7257 km and v = 204.81° obtained in
the previous example, express r in vector form in the perifocal coordinate
system.

solution

rp = 7257 X cos 204.81 = —6587.6 km

re = 7257 X sin 204.81 = —3045.3 km
Hence

r = —6587.6P — 3045.3Q km

2.9.6 The geocentric-equatorial coordinate
system

The geocentric-equatorial coordinate system is an inertial system of
axes, the reference line being fixed by the fixed stars. The reference
line is the line of Aries described in Sec. 2.5. (The phenomenon known
as the precession of the equinoxes is ignored here. This is a very slow
rotation of this reference frame, amounting to approximately
1.396971° per dJulian century, where a dJulian century consists of
36,525 mean solar days.) The fundamental plane is the earth’s equa-
torial plane. Figure 2.9 shows the part of the ellipse above the equato-
rial plane and the orbital angles (), w, and i. It should be kept in mind
that () and o may be slowly varying with time, as shown by Eqs. (2.12)
and (2.13).

The unit vectors in this system are labeled I, J, and K, and the coor-
dinate system is referred to as the IJK frame, with positive I pointing
along the line of Aries. The transformation of vector r from the PQW
frame to the IJK frame is most easily expressed in matrix form, the
components being indicated by the appropriate subscripts:

rr -

=R [ﬂ (2.33a)
Tq

Tk
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Figure 2.9 Geocentric-equatorial coordinate system (IJK
frame).

where the transformation matrix R is given by R

R= (cos ) cosw —sin ) sinwcosi) (—cos )sinw — sin () cos w cos i)
(sin ) cos w + cos ) sin w cos i) (—sin () sin w + cos () cos w cos i)
(sin w sin i) (cos w sin i)
(2.33b)

This gives the components of the position vector r for the satellite, in
the IJK, or inertial, frame. It should be noted that the angles () and »
take into account the rotations resulting from the earth’s equatorial
bulge, as described in Sec. 2.8.1. Because matrix multiplication is most
easily carried out by computer, the following example is completed in
Mathcad.

Example 2.16 Calculate the magnitude of the position vector in the PQW
frame for the orbit specified below. Calculate also the position vector in the
IJK frame and its magnitude. Confirm that this remains unchanged from
the value obtained in the PQW frame.

solution The given orbital elements are

0N:=300-deg w:=60-deg i:=65-deg rp:= —6500 - km
rq : = 4000 - km
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r:=Vrp? + rQZ ...from Eq. (2.32)

r =7632.2 - km

Equation (2.33) is
|:r1} (cos (Q) - cos (w) — sin () - sin (w) - cos (1)

ry sin () - cos (w + cos () - sin (w) - cos (i)

Tk sin (w) - sin (1)

—sin () - sin (w) + cos () - cos (w) - cos (1)
cos (w) - sin (1)

—cos () - sin (w) — sin () - cos (w) - cos (i)) (r )
P
T

r; = —4685.3 - km
ry = 5047.7 - km ...These are the values obtained by Mathcad.

rg = —3289.1 - km
The magnitude is

Il r| =17632.2 - km

This is seen to be the same as that obtained from the P and Q components.

2.9.7 Earth station referred to the IUJK
frame

The earth station’s position is given by the geographic coordinates of
latitude Az and longitude ¢z (Unfortunately, there does not seem to be
any standardization of the symbols used for latitude and longitude. In
some texts, as here, the Greek lambda is used for latitude and the
Greek phi for longitude. In other texts, the reverse of this happens. One
minor advantage of the former is that latitude and lambda both begin
with the same la which makes the relationship easy to remember.)

Care also must be taken regarding the sign conventions used for lat-
itude and longitude because different systems are sometimes used,
depending on the application. In this book, north latitudes will be tak-
en as positive numbers and south latitudes as negative numbers, zero
latitude, of course, being the equator. Longitudes east of the
Greenwich meridian will be taken as positive numbers, and longitudes
west, as negative numbers.
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The position vector of the earth station relative to the IJK frame is
R as shown in Fig. 2.10. The angle between R and the equatorial
plane, denoted by iz in Fig. 2.10, is closely related, but not quite equal
to, the earth station latitude. More will be said about this angle short-
ly. R is obviously a function of the rotation of the earth, and so first it
is necessary to find the position of the Greenwich meridian relative to
the I axis as a function of time. The angular distance from the I axis
to the Greenwich meridian is measured directly as Greenwich sidereal
time (GST), also known as the Greenwich hour angle, or GHA. Sidereal
time is described in Sec. 2.9.4.

GST may be found using values tabulated in some almanacs (see
Bate et al., 1971), or it may be calculated using formulas given in
Wertz (1984). In general, sidereal time may be measured in time
units of sidereal days, hours, and so on, or it may be measured in
degrees, minutes, and seconds. The formula for GST in degrees is

GST = 99.6910 + 36,000.7689 X T + 0.0004 X T* + UT° (2.34)

Here, UT® is universal time expressed in degrees, as given by Eq.
(2.19). T is the time in Julian centuries, given by Eq. (2.20).

Once GST is known, the local sidereal time (LST) is found by adding
the east longitude of the station in degrees. East longitude for the

Earth station
at latitude A,

Figure 2.10 Position vector R of the earth relative to the
IJK frame.
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earth station will be denoted as EL. Recall that previously longitude
was expressed in positive degrees east and negative degrees west. For
east longitudes, EL = ¢z while for west longitudes, EL = 360° + ¢g.
For example, for an earth station at east longitude 40°, EL = 40°. For
an earth station at west longitude 40°, EL = 360 + (—40) = 320°. Thus
the local sidereal time in degrees is given by

LST = GST + EL (2.35)

The procedure is illustrated in the following examples
Example 2.17 Find the GST for 13 h UT on 18 December 2000.

solution From Example 2.11:
T : = 1.009638376
The first three terms of Eq. (2.34) add up to
GST : = 99.6910 - deg + 36000.7689 - T - deg + .0004 - T? - deg

Note that Mathcad stores this result in radians even though the terms are
in degrees:

GST = 636.128 - rad
The universal time is
UT:=13-h
Converting this to a fraction of earth rotation:

2@
day

UT: = -UT

This gives UT in radians:
UT = 3.403 - rad
Hence GST in radians is

GST : = GST + UT

GST : = mod (GST, 2 - m)

Using the mod function, multiple revolutions are removed, and Mathcad
allows this to be expressed in degrees as

GST = 282.449 - deg
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Example 2.18 Find the LST for Thunder Bay, longitude 89.26°W for 13 h
UT on December 18, 2000.

solution Expressing the longitude in degrees west:
WL : = —89.26 - deg
In degrees east this is
EL:=2-w+ WL EL = 270.74 - deg
GST is obtained from Example 2.17, and Eq. (2.35) gives
LST: = GST + EL LST = 9.655 - rad
Taking mod 27 and expressing the result in degrees:

LST : = mod (LST, 2 - m) LST = 193.189 - deg

Knowing the LST enables the position vector R of the earth station
to be located with reference to the IJK frame as shown in Fig. 2.10.
However, when R is resolved into its rectangular components, account
must be taken of the oblateness of the earth. The earth may be mod-
eled as an oblate spheroid, in which the equatorial plane is circular,
and any meridional plane (i.e., any plane containing the earth’s polar
axis) is elliptical, as illustrated in Fig. 2.11. For one particular model,
known as a reference ellipsoid, the semimajor axis of the ellipse is
equal to the equatorial radius, the semiminor axis is equal to the polar
radius, and the surface of the ellipsoid represents the mean sea level.
Denoting the semimajor axis by ar and the semiminor axis by bz and
using the known values for the earth’s radii gives

ap = 6378.1414 km (2.36)
br = 6356.755 km (2.37)

From these values, the eccentricity of the earth is seen to be

\/, 2 _ b2
ex = % = 0.08182 (2.38)
E

In Figs. 2.10 and 2.11, what is known as the geocentric latitude is
shown as {iz. This differs from what is normally referred to as latitude.
An imaginary plumb line dropped from the earth station makes an
angle \z; with the equatorial plane, as shown in Fig. 2.11. This is
known as the geodetic latitude, and for all practical purposes here, this
can be taken as the geographic latitude of the earth station.
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Figure 2.11 Reference ellipsoid for the earth showing the geocentric latitude
and the geodetic latitude \g.

With the height of the earth station above mean sea level denoted by
H, the geocentric coordinates of the earth station position are given in
terms of the geodetic coordinates by (Thompson, 1966)

ag
N = Vi- ex” sin’\g (2.39)
R; = (N + H) cos \z cos LST = [ cos LST (2.40)
R; = (N + H) cos \g sin LST = [ sin LST (2.41)
Ry=[IN(1 —eg®) + Hlsin \g = 2 (2.42)

Example 2.19 Find the components of the radius vector to the earth sta-
tion at Thunder Bay, given that the latitude is 48.42 degrees, the height
above sea level is 200 m, and the LST is 167.475-deg.

solution The given data are
LST : = 167.475 - deg g : = 48.42 - deg H:=200-m
The required earth constants are

ag: = 6378.1414 - km eg : = .08182

ag
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ag - (1 — eg’
z.= \/1 _ eE2 . gin O\E)z) + H |- sin ()\E) Eq (241)

For check purposes, the values are

! =4241 - km z = 4748.2 - km

! - cos (LST)
R:=1|1["-sin (LST) ...This gives the R components in matrix form.
z

The values are

—4140.1

R=1| 9197 | -km
4748.2

The magnitude of the R vector is

| R =6366.4 - km

At this point, both the satellite radius vector r and the earth station
radius vector R are known in the IJK frame for any position of satel-
lite and earth. From the vector diagram shown in Fig. 2.12a, the range
vector p is obtained as

p=r-R (2.43)

This gives p in the IJK frame. It then remains to transform p to the
observer’s frame, known as the topocentric-horizon frame, shown in
Fig. 2.12b.

2.9.8 The topocentric-horizon coordinate
system

The position of the satellite, as measured from the earth station, is usu-
ally given in terms of the azimuth and elevation angles and the range p.
These are measured in the topocentric-horizon coordinate system illus-
trated in Fig. 2.12b. In this coordinate system, the fundamental plane is
the observer’s horizon plane. In the notation given in Bate et al. (1971),
the positive x axis is taken as south, the unit vector being denoted by S.
The positive y axis points east, the unit vector being E. The positive z
axis is “up,” pointing to the observer’s zenith, the unit vector being Z.
(Note: This is not the same z as that used in Sec. 2.9.7.) The frame is
referred to as the SEZ frame, which of course rotates with the earth.
As shown in the previous section, the range vector p is known in the
IJK frame, and it is now necessary to transform this to the SEZ frame.
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Zenith Satellite

(a)

Zenith 4}
z p Satellite
p
Earth
station EQ North
South —=
S
AZ
E
East
(b}

Figure 2.12 Topocentric-horizon coordinate system (SEZ frame):
(a) overall view; (b) detailed view.

Again, this is a standard transformation procedure. See Bate et al.,
1971.

Ps sin yiz cos LST  sin yz sin LST  — cos {iz pr
pe | = —sin LST cos LST 0 P (2.44)
Pz cos Yz cos LST  cos iz sin LST sin iz PK

From Fig. 2.11, the geocentric angle {5z is seen to be given by

Y, = arctan % (2.45)
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The coordinates [ and z given in Eqgs. (2.40) and (2.42) are known in
terms of the earth station height and latitude, and hence the range
vector is known in terms of these quantities and the LST. As a point of
interest, for zero height, the angle iz is known as the geocentric lati-
tude and is given by

tan g @ - o) = (1 — eg’) tan \g (2.46)

Here, ey is the earth’s eccentricity, equal to 0.08182. The difference
between the geodetic and geocentric latitudes reaches a maximum at
a geocentric latitude of 45°, when the geodetic latitude is 45.192°.

Finally, the magnitude of the range and the antenna look angles are
obtained from

p= Vps’ + pg® + p (2.47)

El = arcsin (f:)z) (2.48)
We define an angle o as
lpzl
o = arctan Pz (2.49)
| Ps I

Then the azimuth depends on which quadrant « is in and is given by
Table 2.2.

TABLE 2.2 Azimuth angles

[ PE Azimuth degrees
_ + o

+ + 180 — «

+ - 180 + «

- - 360 —

Example 2.20 The IJK range vector components for a certain satellite, at GST
= 240 degrees, are as given below. Calculate the corresponding range and the
look angles for an earth station the coordinates for which are, latitude 48.42
degrees N, longitude 89.26 degrees W, height above mean sea level 200 m.

solution Given data:

pr: = —1280 - km py: = —1278 - km pK : = 66 - km
GST : = 240 - deg g : = 48.42 - deg b : = —89.26 - deg
H: =200 -m
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The required earth constants are

ag: = 6378.1414 - km eg: = .08182

ag

.

Vi- eg’ - sin (\g)? T H) - cos (\g) ...Eq. (2.40)

ag - (1 — egd)

|

\/1 — eg® - sin (\p)? + H:| - sin (A\g) ...Eq. (2.41)

The values for check purposes are

! =4241 - km z = 4748.2 - km

Y : = atan (;) Eq. (2.45) Yg = 48.2 - deg
LST : = 240 - deg + ¢g ...Eq. (2.35)

(sin (Yg) * cos (LST) ) (sin (Yg) - sin (LST)) — cos (Yg)
D:= (—sin (LST) ) (cos (LST)) 0

(cos (Yg) - cos (LST) )  (cos (Wg) - sin (LST) )  (sin (Yg) )

—-0.651 0.365 — 0.666 .
D:= (—0.489 - 0.872 0 ) "‘EE;E'Vsluizefe given for

—0.581 0.326 0.746 PUrposes.

Ps p
pe =D | p
L p, | p

[p, | \377

I
‘,’,] ...Eq. (2.44)

Ps 323
P |- = < 1740.6 |- km ...The values are given for check purposes

In Mathcad the magnitude is given simply by

El : = asin (—Z>
P

lpl = 1810 - km

...Eq. (2.48) El = 12 - deg
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PE
Ps
The azimuth is determined by setting the quadrant conditions (see Table

2.4) as

a:=atan<

) ...Eq. (2.49)

Az, : =if[(pg<0-m) - (pg >0 -m), a, 0]
Azy:=if[(pg>0-m) - (pg >0 -m), 180 - deg — «, 0]
Az.:=if[(ps>0-m) - (pg < 0-m), 180 - deg + a, 0]

Azg:=if[(pg<0-m) - (pg <0 -m), 360 - deg — «, 0]
Since all but one of these are zero, the azimuth is given by

Az : = Az, + Az, + Az, + Azy Az = 100.5 - deg

Note that the range could also have been obtained from
Vi + ps? + px® = 1810 - km

2.9.9 The subsatellite point

The point on the earth vertically under the satellite is referred to as
the subsatellite point. The latitude and longitude of the subsatellite
point and the height of the satellite above the subsatellite point can be
determined from a knowledge of the radius vector r. Figure 2.13 shows
the meridian plane which cuts the subsatellite point. The height of the
terrain above the reference ellipsoid at the subsatellite point is denot-
ed by Hgg, and the height of the satellite above this, by hgs. Thus the
total height of the satellite above the reference ellipsoid is

h = HSS + hss (250)

Now the components of the radius vector r in the IJK frame are giv-
en by Eq. (2.33). Figure 2.13 is seen to be similar to Fig. 2.11, with the
difference that r replaces R, the height to the point of interest is A
rather than H, and the subsatellite latitude Agg is used. Thus Eqgs.
(2.39) through (2.42) may be written for this situation as

(255

\/1— ex’ sin? \gs

N = (2.51)
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Z4—————— ——— QS
|
|
|
|
hgs / I
d |
Hssl
|
|
|
|
¥ss |
\. hes\ |
/ i
Figure 2.13 Geometry for determining the subsatellite point.
rr = N + h) cos A\gg cos LST (2.52)
ry= N + h) cos \gg sin LST (2.53)
rg = [N (1 — ez®) + h] sin \gg (2.54)

We now have three equations in three unknowns, LST, Az, and A,
and these can be solved as shown in the following Mathcad example.
In addition, by analogy with the situation shown in Fig. 2.10, the east
longitude is obtained from Eq. (2.35) as

EL = LST — GST (2.55)
where GST is the Greenwich sidereal time.

Example 2.21 Determine the subsatellite height, latitude, and LST for the
satellite in Example 2.16.

solution From Example 2.16, the components of the radius vector are

] —4685.3 - km
ry|:= 5047.7 - km
K —3289.1 - km
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The required earth constants are
ag = 6378.1414 - km eg : = .08182

In order to solve Egs. (2.51) through (2.54) by means of the Mathcad solve-
block, guess values must be provided for the unknowns. Also, rather than
using Eq. (2.51), it is easier to write N directly into Eqs. (2.52) through
(2.54).

Guess value for LST:
LST: ==
Guess value for latitude:
Ag : = atan <r—K)
Iy
Guess value for height:
h:=Irl — ag

The Mathcad solve block can now be used: Given

a
r1=<\/ o +h>~cos (g) - cos (LST)
1 — eg” - sin (\g)

a
ry = 2E : =+ h | - cos (\g) - sin (LST)
\/1 — eg” - sin (\g)

ag - (1 — egd)
=V - eg’ - sin (\g)? +hf - sin ()

Ag
h : = Find (\g, h, LST)

Ag = —25.65 - deg h = 1258 - km LST = 132.9 - deg

2.9.10 Predicting satellite position

The basic factors affecting satellite position are outlined in the previ-
ous sections. The NASA two-line elements are generated by prediction
models contained in Spacetrack report no. 3 (ADC USAF, 1980), which
also contains Fortran IV programs for the models. Readers desiring
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highly accurate prediction methods are referred to this report.
Spacetrack report No. 4 (ADC USAF, 1983) gives details of the models
used for atmospheric density analysis.

2.10 Sun-Synchronous Orbit

Some details of the Tiros-N/NOAA satellites used for search and res-
cue (Sarsat) operations are given in Sec. 1.5. These satellites operate
in sun-synchronous orbits. The orientation of a sun-synchronous orbit
remains fixed relative to the sun, as illustrated in Fig. 2.14, the angle
® remaining constant.

Figure 2.15 shows an alternative view, from above the earth’s
north pole. The angle ® is equal to {) — a and to the local solar time
expressed in degrees, as will be explained shortly. From this view,
the earth rotates daily around a fixed axis in space, and the sun
appears to move in space, relative to the fixed stars, because of the
earth’s yearly orbit around the sun. The mean yearly orbit of 360°
takes 365.24 mean solar days, and hence the daily shift is
360/365.24 = 0.9856°. The angle «, shown in Fig. 2.15 and known as
the right ascension of the mean sun, moves eastward by this amount
each day.

Lines of
nodes

N\

///I\\

-

Figure 2.14 Sun-synchronous orbit.
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Sun

Lines of nodes

won
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ee™
\ Gr e"\d"‘“‘

Figure 2.15 The condition for sun synchronicity is that the local solar time
should be constant. Local solar time = ) — «, which is also equal to the angle
@ shown in Fig. 2.14. This is the local solar time at the ascending node, but a
similar situation applies at other latitude crossings.

For the satellite orbit to be sun-synchronous, the right ascension of
the ascending node () also must increase eastward by this amount.
Use is made of the regression of the nodes to achieve sun synchronici-
ty. As shown in Sec. 2.8.1 by Eqgs. (2.12) and (2.14), the rate of regres-
sion of the nodes and the direction are determined by the orbital
elements a, ¢, and i. These can be selected to give the required regres-
sion of 0.9856° east per day.

The orbital parameters for the Tiros-N satellites are listed in Table
2.3. These satellites follow near-circular, near-polar orbits.

From Fig. 2.15 it will be seen that with sun synchronicity the
angle ) — a remains constant. This is the angle ® shown in Fig.
2.14. Solar time is measured by the angle between the sun line and

TABLE 2.3 Tiros-N Series Orbital Parameters

833-km orbit 870-km orbit
Inclination 98.739° 98.899°
Nodal period 101.58 min 102.37 min
Nodal regression 25.40°/orbit W 25.59°/orbit W
Nodal precession 0.986°/day E 0.986°/day E
Orbits per day 14.18 14.07

Source: Schwalb, 1982a.
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the meridian line, as shown in Fig. 2.15, known as the hour angle.
For example, universal time discussed in Sec. 2.9.2 is the hour
angle between the sun and the Greenwich meridian, as shown in
Fig. 2.15. Likewise, local solar time is the hour angle between the
sun and the local meridian. The local solar time for the line of nodes
is seen to be () — «, and as shown, for a sun-synchronous orbit this
is constant. In this case the latitude is zero (equator), but a similar
argument can be applied for the local solar time at any latitude.
What this means in practical terms is that a satellite in sun-syn-
chronous orbit crosses a given latitude at the same local solar time
and hence under approximately the same solar lighting conditions
each day. This is a desirable feature for weather and surveillance
satellites.

Local solar time is not the same as standard time. Letting ¢ repre-
sent the longitude of the ascending node in Fig. 2.15 gives

Local solar time = UT + ¢ (2.56)

As before, ¢ is negative if west and positive if east. UT is related to
standard time by a fixed amount. For example, universal time is equal
to eastern standard time plus 5 hours. If the correction between stan-
dard time and UT is S hours, then

UT = standard time + S (2.57)

This can be substituted in Eq. (2.56) to find the relationship between
local standard time and local solar time.

If a satellite in sun-synchronous orbit completes an integral num-
ber of orbits per day, it also will be earth-synchronous. This means
that equatorial crossings separated in time by a 1-day period will
occur at the same longitude and hence at the same standard time. As
it is, the Tiros-N satellites do not have an integral number of orbits
per day, and although the local solar time of crossings remains
unchanged, the standard time will vary, as will the longitude. The
same arguments as used here for equatorial crossings can be applied
to any latitude.

The nodal regression given in Table 2.3 is the number of degrees
rotated by the earth during one orbit of the satellite, and is approxi-
mately equal to 360° divided by the number of orbits per day. It clear-
ly is different from the rate of nodal precession.

2.1 Problems

2.1. State Kepler’s three laws of planetary motion. Illustrate in each case
their relevance to artificial satellites orbiting the earth.
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2.2. Using the results of App. B, show that for any point P, the sum of the
focal distances to S and S’ is equal to 2a.

2.3. Show that for the ellipse the differential element of area dA = r? dv/2,
where dv is the differential of the true anomaly. Using Kepler’s second law,
show that the ratio of the speeds at apoapsis and periapsis (or apogee and
perigee for an earth-orbiting satellite) is equal to (1 — e)/(1 + e).

2.4. A satellite orbit has an eccentricity of 0.2 and a semimajor axis of
10,000 km. Find the values of (a) the latus rectum; (b) the minor axis; (¢) the
distance between foci.

2.5. For the satellite in Prob. 2.4, find the length of the position vector when
the true anomaly is 130°.

2.6. The orbit for an earth-orbiting satellite orbit has an eccentricity of 0.15
and a semimajor axis of 9000 km. Determine (a) its periodic time; (b) the
apogee height; (c) the perigee height. Assume a mean value of 6371 km for the
earth’s radius.

2.7. For the satellite in Prob. 2.6, at a given observation time during a south
to north transit, the height above ground is measured as 2000 km. Find the
corresponding true anomaly.

2.8. The semimajor axis for the orbit of an earth-orbiting satellite is found
to be 9500 km. Determine the mean anomaly 10 min after passage of perigee.

2.9. The following conversion factors are exact: one foot = 0.3048 meters;
one statute mile = 1609.344 meters; one nautical mile = 1852 meters. A satel-
lite travels in an unperturbed circular orbit of semimajor axis ¢ = 27,000 km.
Determine its tangential speed in (a) km/s, (b) mi/h, and (¢) knots.

2.10. Explain what is meant by apogee height and perigee height. The Cosmos
1675 satellite has an apogee height of 39,342 km and a perigee height of 613
km. Determine the semimajor axis and the eccentricity of its orbit. Assume a
mean earth radius of 6371 km.

2.11. The Aussat 1 satellite in geostationary orbit has an apogee height of
35,795 km and a perigee height of 35,779 km. Assuming a value of 6378 km
for the earth’s equatorial radius, determine the semimajor axis and the eccen-
tricity of the satellite’s orbit.

2.12. Explain what is meant by the ascending and descending nodes. In what
units would these be measured, and in general, would you expect them to

change with time?

2.13. Explain what is meant by (@) line of apsides and () line of nodes. Is it
possible for these two lines to be coincident?
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2.14. With the aid of a neat sketch, explain what is meant by each of the
angles: inclination; argument of perigee; right ascension of the ascending node.
Which of these angles would you expect, in general, to change with time?

2.15. The inclination of an orbit is 67°. What is the greatest latitude, north
and south, reached by the subsatellite point? Is this orbit retrograde or pro-
grade?

2.16. Describe briefly the main effects of the earth’s equatorial bulge on a satel-
lite orbit. Given that a satellite is in a circular equatorial orbit for which the
semimajor axis is equal to 42,165 km, calculate (a) the mean motion, (b) the rate
of regression of the nodes, and (c¢) the rate of rotation of argument of perigee.

2.17. A satellite in polar orbit hs a perigee height of 600 km and an apogee
height of 1200 km. Calculate (a) the mean motion, (b) the rate of regression of
the nodes, and (c) the rate of rotation of the line of apsides. The mean radius
of the earth may be assumed equal to 6371 km.

2.18. What is the fundamental unit of universal coordinated time? Express
the following universal times in (a) days and (b) degrees: 0 h, 5 min, 24 s; 6 h,
35 min, 20 s; your present time.

2.19. Determine the Julian days for the following dates and times: 0300 h,
January 3, 1986; midnight March 10, 1999; noon, February 23, 2000; 1630 h,
March 1, 2003.

2.20. Find, for the times and dates given in Prob. 2.19, (a) T in Julian cen-
turies and (b) the corresponding Greenwich sidereal time.

2.21. Find the month, day, and UT for the following Julian dates: (a) day
3.00, year 1991; (b) day 186.125, year 2000; (c) day 300.12157650, year 2001;
(d) day 3.29441845, year 2004; (e) day 31.1015, year 2010.

2.22. Find the Greenwich sidereal time (GST) corresponding to the Julian
dates given in Prob. 2.21.

2.23. The Molnya 3-(25) satellite has the following parameters specified:
perigee height 462 km; apogee height 40,850 km; period 736 min; inclination
62.8°. Using an average value of 6371 km for the earth’s radius, calculate (a) the
semimajor axis and (b) the eccentricity. (¢c) Calculate the nominal mean motion
ny. (d) Calculate the mean motion. (¢) Using the calculated value for a, calculate
the anomalistic period and compare with the specified value calculate. () the
rate of regression of the nodes, and (g) the rate of rotation of the line of apsides.

2.24. Repeat the calculations in Prob. 2.23 for an inclination of 63.435°.

2.25. Determine the orbital condition necessary for the argument of perigee
to remain stationary in the orbital plane. The orbit for a satellite under this
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condition has an eccentricity of 0.001 and a semimajor axis of 27,000 km. At a
given epoch the perigee is exactly on the line of Aries. Determine the satellite
position relative to this line after a period of 30 days from epoch.

2.26. For a given orbit, K as defined by Eq. (2.11) is equal to 0.112 rev/day.
Determine the value of inclination required to make the orbit sun-synchro-
nous.

2.27. A satellite has an inclination of 90° and an eccentricity of 0.1. At epoch,
which corresponds to time of perigee passage, the perigee height is 2643.24 km
directly over the north pole. Determine (a) the satellite mean motion. For 1
day after epoch determine (b) the true anomaly, (c) the magnitude of the radius
vector to the satellite, and (d) the latitude of the subsatellite point.

2.28. The following elements apply to a satellite in inclined orbit: O = 0°;
wo = 90°; My = 309°;i = 63°;e = 0.01; a = 7130 km. An earth station is
situated at 45° N, 80° W, and at zero height above sea level. Assuming a
perfectly spherical earth of uniform mass and radius 6371 km, and given
that epoch corresponds to a GST of 116°, determine at epoch the orbital
radius vector in the (a) PQW frame; (b) IJK frame; (c¢) the position vector
of the earth station in the IJK frame; (d) the range vector in the IJK
frame; (e) the range vector in the SEZ frame; and (f) the earth station look
angles.

2.29. A satellite moves in an inclined elliptical orbit, the inclination being
63.45°. State with explanation the maximum northern and southern latitudes
reached by the subsatellite point. The nominal mean motion of the satellite is
14 rev/day, and at epoch the subsatellite point is on the ascending node at 100°
W. Calculate the longitude of the subsatellite point 1 day after epoch. The
eccentricity is 0.01.

2.30. A “no name” satellite has the following parameters specified: perigee
height 197 km; apogee height 340 km; period 88.2 min; inclination 64.6°.
Repeat the calculations in Prob. 2.23 for this satellite.

2.31. Given that Q, = 250°, o, = 85°, and M, = 30° for the satellite in Prob.
2.30, calculate, for 65 min after epoch (¢, = 0) the new values of (), w, and M.
Find also the true anomaly and radius.

2.32. From the NASA bulletin given in App. C, determine the date and the
semimajor axis.

2.33. Determine, for the satellite listed in the NASA bulletin of App. C, the
rate of regression of the nodes, the rate of change of the argument of perigee,
and the nominal mean motion n,.

2.34. From the NASA bulletin in App. C, verify that the orbital elements
specified are for a nominal S-N equator crossing.
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2.35. A satellite in exactly polar orbit has a slight eccentricity (just sufficient
to establish the idea of a perigee). The anomalistic period is 110 min.
Assuming that the mean motion is n = n, calculate the semimajor axis. Given
that at epoch the perigee is exactly over the north pole, determine the position
of the perigee relative to the north pole after one anomalistic period and the
time taken for the satellite to make one complete revolution relative to the
north pole.

2.36. A satellite is in an exactly polar orbit with apogee height 7000 km and
perigee height 600 km. Assuming a spherical earth of uniform mass and
radius 6371 km, calculate (a) the semimajor axis, (b) the eccentricity, and (c)
the orbital period. (d) At a certain time the satellite is observed ascending
directly overhead from an earth station on latitude 49° N. Give that the argu-
ment of perigee is 295° calculate the true anomaly at the time of observation.

2.37. For the satellite elements shown in Fig. 2.6, determine approximate
values for the latitude and longitude of the subsatellite point at epoch.

TLFeBOOK



Chapter

The Geostationary Orbit

3.1. Introduction

A satellite in a geostationary orbit appears to be stationary with
respect to the earth, hence the name geostationary. Three conditions
are required for an orbit to be geostationary:

1. The satellite must travel eastward at the same rotational speed as
the earth.

2. The orbit must be circular.

3. The inclination of the orbit must be zero.

The first condition is obvious. If the satellite is to appear stationary,
it must rotate at the same speed as the earth, which is constant. The
second condition follows from this and from Kepler’s second law (Sec.
2.3). Constant speed means that equal areas must be swept out in
equal times, and this can only occur with a circular orbit (see Fig. 2.2).
The third condition, that the inclination must be zero, follows from the
fact that any inclination would have the satellite moving north and
south, (see Sec. 2.5 and Fig. 2.3), and hence it would not be geosta-
tionary. Movement north and south can be avoided only with zero incli-
nation, which means that the orbit lies in the earth’s equatorial plane.

Kepler’s third law may be used to find the radius of the orbit (for a
circular orbit, the semimajor axis is equal to the radius). Denoting the
radius by agso, then from Eqgs. (2.2) and (2.4),

2 l
agso = (%)3 3.1)
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The period P for the geostationary is 23 h, 56 min, 4 s mean solar
time (ordinary clock time). This is the time taken for the earth to com-
plete one revolution about its N-S axis, measured relative to the fixed
stars (see sidereal time, Sec. 2.9.4). Substituting this value along with
the value for p given by Eq. (2.3) results in

agso = 42164 km (3.2)
The equatorial radius of the earth, to the nearest kilometer, is
ag = 6378 km (3.3)
and hence the geostationary height is

hgso = agso — ag
= 42,164 — 6378 (3.4)
= 35,786 km

This value is often rounded up to 36,000 km for approximate calcu-
lations. In practice, a precise geostationary orbit cannot be attained
because of disturbance forces in space and the effects of the earth’s
equatorial bulge. The gravitational fields of the sun and the moon pro-
duce a shift of about 0.85°/year in inclination. Also, the earth’s equato-
rial ellipticity causes the satellite to drift eastward along the orbit. In
practice, station-keeping maneuvers have to be performed periodically
to correct for these shifts, as described in Sec. 7.4.

An important point to grasp is that there is only one geostationary
orbit because there is only one value of a that satisfies Eq. (2.3) for a
periodic time of 23 h, 56 min, 4 s. Communications authorities
throughout the world regard the geostationary orbit as a natural
resource, and its use is carefully regulated through national and inter-
national agreements.

3.2 Antenna Look Angles

The look angles for the ground station antenna are the azimuth and
elevation angles required at the antenna so that it points directly at
the satellite. In Sec. 2.9.8 the look angles were determined in the gen-
eral case of an elliptical orbit, and there the angles had to change in
order to track the satellite. With the geostationary orbit, the situation
is much simpler because the satellite is stationary with respect to the
earth. Although in general no tracking should be necessary, with the
large earth stations used for commercial communications, the anten-
na beamwidth is very narrow (see Chap. 6), and a tracking mechanism
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is required to compensate for the movement of the satellite about the
nominal geostationary position. With the types of antennas used for
home reception, the antenna beamwidth is quite broad, and no track-
ing is necessary. This allows the antenna to be fixed in position, as evi-
denced by the small antennas used for reception of satellite TV that
can be seen fixed to the sides of homes.

The three pieces of information that are needed to determine the
look angles for the geostationary orbit are

1. The earth station latitude, denoted here by \g
2. The earth station longitude, denoted here by ¢z

3. The longitude of the subsatellite point, denoted here by ¢bgs (often
this is just referred to as the satellite longitude)

As in Chap. 2, latitudes north will be taken as positive angles, and
latitudes south, as negative angles. Longitudes east of the Greenwich
meridian will be taken as positive angles, and longitudes west, as
negative angles. For example, if a latitude of 40°S is specified, this
will be taken as —40°, and if a longitude of 35°W is specified, this will
be taken as —35°.

In Chap. 2, when calculating the look angles for lower-earth-orbit
(LEO) satellites, it was necessary to take into account the variation in
earth’s radius. With the geostationary orbit, this variation has negli-
gible effect on the look angles, and the average radius of the earth will
be used. Denoting this by R:

R =6371 km (3.5)

The geometry involving these quantities is shown in Fig. 3.1. Here,
ES denotes the position of the earth station, SS the subsatellite point,
S the satellite, and d is the range from the earth station to the satel-
lite. The angle o is an angle to be determined.

There are two types of triangles involved in the geometry of Fig. 3.1,
the spherical triangle shown in heavy outline in Fig. 3.2a¢ and the
plane triangle of Fig. 3.2b. Considering first the spherical triangle,
the sides are all arcs of great circles, and these sides are defined by
the angles subtended by them at the center of the earth. Side a is the
angle between the radius to the north pole and the radius to the sub-
satellite point, and it is seen that a = 90°. A spherical triangle in
which one side is 90° is called a quadrantal triangle. Angle b is the
angle between the radius to the earth station and the radius to
the subsatellite point. Angle ¢ is the angle between the radius to the
earth station and the radius to the north pole. From Fig. 3.2a it is
seen that ¢ = 90° — Nz
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Figure 3.1 The geometry used in determining the look angles for a geostationary satellite.

Figure 3.2 (a) The spherical
geometry related to Fig. 3.1. (b)
The plane triangle obtained
from Fig. 3.1.

Agso = ag + h
(b)

TLFeBOOK



The Geostationary Orbit 71

There are six angles in all defining the spherical triangle. The three
angles A, B, and C are the angles between the planes. Angle A is the
angle between the plane containing ¢ and the plane containing b.
Angle B is the angle between the plane containing ¢ and the plane con-
taining a. From Fig. 3.2a, B = ¢5 — ¢gs. It will be shown shortly that
the maximum value of B is 81.3°. Angle C is the angle between the
plane containing b and the plane containing a.

To summarize to this point, the information known about the spher-
ical triangle is

a = 90° (3.6)
c=90° — \g (3.7
B = b5 — bss (3.8)

Note that when the earth station is west of the subsatellite point, B
is negative, and when east, B is positive. When the earth station lati-
tude is north, c is less than 90°, and when south, c is greater than 90°.
Special rules, known as Napier’s rules, are used to solve the spherical
triangle (see, for example, Wertz, 1984), and these have been modified
here to take into account the signed angles B and \gz. Only the result
will be stated here. Napier’s rules gives angle b as

b = arccos (cos B cos \g) (3.9)
and angle A as
A = arcsin <M> (3.10)
sin b

Two values will satisfy Eq. (3.10), A and 180° — A, and these must be
determined by inspection. These are shown in Fig. 3.3. In Fig. 3.3q,
angle A is acute (less than 90°), and the azimuth angle is A, = A. In Fig.
3.3b, angle A is acute, and the azimuth is, by inspection, A, = 360° —
A. In Fig. 3.3¢c, angle A, is obtuse and is given by A, = 180° — A, where
A is the acute value obtained from Eq. (3.10). Again, by inspection, A,
= A, = 180° — A. In Fig. 3.3d, angle A, is obtuse and is given by 180°
— A, where A is the acute value obtained from Eq. (3.9). By inspection,
A, = 360° — A; = 180° + A. In all cases, A is the acute angle returned
by Eq. (3.9). These conditions are summarized in Table 3.1.

Example 3.1 A geostationary satellite is located at 90°W. Calculate the
azimuth angle for an earth station antenna at latitude 35°N and longitude
100°W.

solution The given quantities are

bgs: = —90 - deg o : = —100 - deg Ag:=35"-deg
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(c) (d)
Figure 3.3 Azimuth angles related to angle A (see Table 3.1).

TABLE 3.1 Azimuth Angles A, from Fig. 3.3

Fig. 3.3 \E B A,, degrees
a <0 <0 A
b <0 >0 360° — A
c >0 <0 180° — A
d >0 >0 180° + A
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Equation (3.7):
B: = ¢ — dgs B = -10 - deg
Equation (3.8):
b: = acos (cos (B) - cos \g)) b =36.2-deg
Equation (3.9):

A=171" deg

A:=asin<4Sin(lBl)>

sin (b)
By inspection, A\g > 0 and B < 0. Therefore, Fig. 3.3c applies, and
A,:=180-deg — A A, =1629 - deg

Applying the cosine rule for plane triangles to the triangle of Fig.
3.2b allows the range d to be found to a close approximation:

d = VR® + agso? — 2Ragso cos b (3.11)

Applying the sine rule for plane triangles to the triangle of Fig. 3.2
allows the angle of elevation to be found:

El = arccos (Clzso sin b) (3.12)

Example 3.2 Find the range and antenna elevation angle for the situation
specified in Example 3.1.

solution
R:=6371"-km agso : = 42164 - km
From Example 3.1:
b:=36.2"deg
Equation (3.11):

d:= \/R2 +agso” — 2 R - agso - cos (b) d = 37,215 km

Equation (3.12):

El: = acos < a(ziso - sin (b)) El = 48 - deg

Figure 3.4 shows the look angles for Ku-band satellites as seen from
Thunder Bay, Ontario, Canada.
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Figure 3.4 Azmuth-elevation angles for an earth station location of
48.42°N, 89.26°W (Thunder Bay, Ontario). Ku-band satellites are shown.

The preceding results do not take into account the case when the
earth station is on the equator. Obviously, when the earth station is
directly under the satellite, the elevation is 90°, and the azimuth is
irrelevant. When the subsatellite point is east of the equatorial earth
station (B < 0), the azimuth is 90°, and when west (B > 0), the
azimuth is 270°. Also, the range as determined by Eq. (3.11) is approx-
imate, and where more accurate values are required, as, for example,
where propagation times need to be known accurately, the range is
determined by measurement.

For a typical home installation, practical adjustments will be made
to align the antenna to a known satellite for maximum signal. Thus
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the look angles need not be determined with great precision but are
calculated to give the expected values for a satellite whose longitude is
close to the earth station longitude. In some cases, especially with
direct broadcast satellites (DBS), the home antenna is aligned to one
particular cluster of satellites, as described in Chap. 16, and no further
adjustments are necessary.

3.3 The Polar Mount Antenna

Where the home antenna has to be steerable, expense usually pre-
cludes the use of separate azimuth and elevation actuators. Instead,
a single actuator is used which moves the antenna in a circular arc.
This is known as a polar mount antenna. The antenna pointing can
only be accurate for one satellite, and some pointing error must be
accepted for satellites on either side of this. With the polar mount
antenna, the dish is mounted on an axis termed the polar axis such
that the antenna boresight is normal to this axis, as shown in Fig.
3.5a. The polar mount is aligned along a true north line, as shown in
Fig. 3.5, with the boresight pointing due south. The angle between the
polar mount and the local horizontal plane is set equal to the earth
station latitude \g; simple geometry shows that this makes the bore-
sight lie parallel to the equatorial plane. Next, the dish is tilted at an
angle & relative to the polar mount until the boresight is pointing at
a satellite position due south of the earth station. Note that there does
not need to be an actual satellite at this position. (The angle of tilt is
often referred to as the declination, which must not be confused with
the magnetic declination used in correcting compass readings. The
term angle of tilt will be used for 8 in this text.)

The required angle of tilt is found as follows: From the geometry of
Fig. 3.50,

3=90° —Ely — \g (3.13)

where El, is the angle of elevation required for the satellite position
due south of the earth station. But for the due south situation, angle
B in Eq. (3.8) is equal to zero; hence, from Eq. (3.9), b = \z. Hence,
from Eq. (3.12), or Fig 3.5c¢.

“‘;O sin Az (3.14)

cos El, =

Combining Egs. (3.13) and (3.14) gives the required angle of tilt as

3 = 90° — arccos (afiso sin )\E> — \g (3.15)
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Figure 3.5 The polar mount antenna.
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In the calculations leading to d, a spherical earth of mean radius
6371 km may be assumed and earth station elevation may be ignored,
as was done in the previous section. The value obtained for 8 will be
sufficiently accurate for initial alignment and fine adjustments can be
made if necessary. Calculation of the angle of tilt is illustrated in
Example 3.3.

Example 3.3 Determine the angle of tilt required for a polar mount used
with an earth station at latitude 49 degrees north. Assume a spherical earth
of mean radius 6371 km, and ignore earth station altitude.

solution Given data

Ag: =49 - deg agso : = 42164 - km R:=6371" km

d:=VR? + agso? — 2 R agso - cos (\p) ..Eq. (3.11) with b = Ag
Elj : = acos (a%dso - sin ()\E)) ...Eq. (3.12)
3:=90-deg — Ely — \g d=17"-deg

3.4 Limits of Visibility

There will be east and west limits on the geostationary arc visible from
any given earth station. The limits will be set by the geographic coor-
dinates of the earth station and the antenna elevation. The lowest ele-
vation in theory is zero, when the antenna is pointing along the
horizontal. A quick estimate of the longitudinal limits can be made by
considering an earth station at the equator, with the antenna pointing
either west or east along the horizontal, as shown in Fig. 3.6. The lim-
iting angle is given by

0 = arccos
agso

6378
42,164

arccos (3.16)

= 81.3°

Thus, for this situation, an earth station could see satellites over a geo-

stationary arc bounded by +81.3° about the earth station longitude.
In practice, to avoid reception of excessive noise from the earth,

some finite minimum value of elevation is used, which will be denoted
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acso aGso

\ .aE

Figure 3.6 Illustrating the limits of visibility.

here by El.;,. A typical value is 5°. The limits of visibility will also
depend on the earth station latitude. As in Fig. 3.2b, let S represent
the angle subtended at the satellite when the angle o, = 90° + El ;..
Applying the sine rule gives

S = arcsin ( sin omm> (3.17)

agso

A sufficiently accurate estimate is obtained by assuming a spherical
earth of mean radius 6371 km as was done previously. Once angle S is
known, angle b is found from

b=180 —opin — S (3.18)
From Eq. (3.9),
cos b
B = arccos ( > (3.19)
CcoS \g

Once angle B is found, the satellite longitude can be determined
from Eq. (3.8). This is illustrated in Example 3.4.

Example 3.4 Determine the limits of visibility for an earth station situat-

ed at mean sea level, at latitude 48.42 degrees north, and longitude 89.26
degrees west. Assume a minimum angle of elevation of 5 degrees.
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solution Given data:

g : = 48.42 - deg bg: = —89.26 - deg El i, :=5"-deg
agso - — 42164 - km

R:=6371"km

Omin + — 90 - deg + Elmin

S : = asin ( - sin (crmm)) S = 8.66° ...Eq. (3.17)
aGso
b:=180-deg — o — S b = 76.34° ...Eq. (3.18)
L cos (b) _ .
B : = acos (7(:05 ) ) B =69.15 ...Eq. (3.19)

The satellite limit east of the earth station is at
¢ + B = —20 - deg approx.
and west of the earth station at

g — B = —158 - deg approx.

3.5 Near Geostationary Orbits

As mentioned in Sec. 2.8, there are a number of perturbing forces that
cause an orbit to depart from the ideal keplerian orbit. For the geo-
stationary case, the most important of these are the gravitational
fields of the moon and the sun and the nonspherical shape of the earth.
Other significant forces are solar radiation pressure and reaction of
the satellite itself to motor movement within the satellite. As a result,
station keeping maneuvers must be carried out to maintain the satel-
lite within set limits of its nominal geostationary position. Station
keeping is discussed in Sec. 7.4.

An exact geostationary orbit therefore is not attainable in practice,
and the orbital parameters vary with time. The two-line orbital ele-
ments are published at regular intervals, Fig. 3.7 showing typical val-
ues. The period for a geostationary satellite is 23 h, 56 min, 4 s, or
86,164 s. The reciprocal of this is 1.00273896 rev/day, which is about
the value tabulated for most of the satellites in Fig. 3.7. Thus these
satellites are geosynchronous, in that they rotate in synchronism with
the rotation of the earth. However, they are not geostationary. The
term geosynchronous satellite is used in many cases instead of geosta-
tionary to describe these near-geostationary satellites. It should be
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noted, however, that in general a geosynchronous satellite does not
have to be near-geostationary, and there are a number of geosynchro-
nous satellites that are in highly elliptical orbits with comparatively
large inclinations (e.g., the Tundra satellites).

Although in principle the two-line elements could be used as
described in Chap. 2 to determine orbital motion, the small inclination
makes it difficult to locate the position of the ascending node, and the
small eccentricity makes it difficult to locate the position of the
perigee. However, because of the small inclination, the angles w and Q)
are almost in the same plane, and this approximation is used. Thus
the mean longitude of the satellite is given by

d)SSmean =0+ Q+M-GST (3.20)
dbss = o + Q +v— GST (3.21)

Equation (2.31) can be used to calculate the true anomaly, and because
of the small eccentricity, this can be approximated as

v =M + 2esin (M) (3.22)

COMSTAR 2

1 09047U 76073A 00223.54804866 .00000046 00000-0 10000-3 0 6105

2 09047 12.0422 29.2398 0003118 249.8535 110.1810 0.99970650
89122

MORELOS B

1 16274U 85109B 00223.33258916 -.00000005 00000-0 00000+0 0O 9543
2 16274 1.5560 89.5711 0001273 11.0167 218.0190 1.00272326 43202
EUTELSAT II F1

1 207770 90079B 00224.09931713 .00000112 00000-0 00000+0 6898

2 20777 1.3398 93.0453 0004190 46.4886 264.0253 1.00275097 16856
AS1ASAT 3

1 25126U 97086A 00221.37048611 -.00000288 00000-0 10000-4 0 3326
2 25126 7.1218 291.3069 0048368 338.8396 120.3853 1.00273882 10448
INTELSAT 805

1 253710 98037A 00223.15300705 -.00000297 00000-0 00000+0 0O 2387
2 25371 0.0309 272.5299 0003525 247.9161 158.0516 1.00271603 7893
INTELSAT 806

1 25239U 98014A 00221.20890226 -.00000275 00000-0 00000-0 O 3053
2 25239 0.0360 287.7943 0003595 234.8733 189.0306 1.00270223 9029

Figure 3.7 Two-line elements for some geostationary satellites.

Example 3.5 Using the data given in Fig. 3.7, calculate the longitude for
INTELSAT 805.

solution Data from Fig. 3.7:
y : = 2000 d : = 223.15300705 - day n: = 1.0027160 - day *

Q= 2725299 - deg e: =.000352 o : = 247.9161 - deg
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M : = 158.0516 - deg

The Julian day for Jan 0.0, 2000, denoted by /Dy, can be calculated using
the method shown in Example 2.10, and this part is left as an exercise for
the student. The Julian day is then JDgy, + d, where d is the day, including
the fraction thereof, of the year as given in the two-line elements:

JDOO 1= 2451543.5 - day JD: = JDOO +d
From Eq. (2.20):
JC : = 36525 - day JD,er 1 = 2415020 - day

_ JD — D,

T =36595 - day

T = 1.006068529

The fraction of the day is the UT:
UT:=d - 223 - day
In degrees, this is

UT: = 2™ .yt
day

Equation (2.34):
GST : = 99.6910 - deg + 36000.7689T - deg + .0004T” - deg + UT

GST : = mod (GST, 2 - ) GST = 14.015 - deg

Equation (3.22):
v:=M+2-e-M v = 158.163 - deg
Equation (3.20):
GsSmean 1 = ® + Q + M — GST
bssmean : = MOd (dssmean, 360 - deg) bssmean = 304.483 - deg
Equation (3.21):
bss:=w+ Q+v—GST

dgs : = mod (dgg, 360 - deg) bgs = 304.594 - deg
The location specified in Attp:/ /www.intelsat.com/ is 304.5°E.
Modified inclination and eccentricity parameters can be derived from

the specified values of inclination i, the eccentricity e, and the angles »
and (). Details of these will be found in Maral and Bousquet (1998).
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3.6 Earth Eclipse of Satellite

If the earth’s equatorial plane coincided with the plane of the earth’s
orbit around the sun (the ecliptic plane), geostationary satellites would
be eclipsed by the earth once each day. As it is, the equatorial plane is
tilted at an angle of 23.4° to the ecliptic plane, and this keeps the satel-
lite in full view of the sun for most days of the year, as illustrated by
position A in Fig. 3.8. Around the spring and autumnal equinoxes,
when the sun is crossing the equator, the satellite does pass into the
earth’s shadow at certain periods, these being periods of eclipse as
illustrated in Fig. 3.8. The spring equinox is the first day of spring, and
the autumnal equinox is the first day of autumn.

Eclipses begin 23 days before equinox and end 23 days after
equinox. The eclipse lasts about 10 min at the beginning and end of the
eclipse period and increases to a maximum duration of about 72 min
at full eclipse (Spilker, 1977). During an eclipse, the solar cells do not
function, and operating power must be supplied from batteries. This is
discussed further in Sec. 7.2, and Fig. 7.3 shows eclipse time as a func-
tion of days of the year.

Where the satellite longitude is east of the earth station, the satel-
lite enters eclipse during daylight (and early evening) hours for the

Spring N
equinox ,t Satellite
— in eclipse

Satellite
in transit
Sun

N

/ Position A
N

\ Satellite
in transit
Autumn / Satellite in
uinox clear view
= of sun
Satellite
S/ in eclipse

Figure 3.8 Showing satellite eclipse and satellite sun transit
around spring and autumn equinoxes.
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earth station, as illustrated in Fig. 3.9. This can be undesirable if the
satellite has to operate on reduced battery power. Where the satellite
longitude is west of the earth station, eclipse does not occur until the
earth station is in darkness, when usage is likely to be low. Thus satel-
lite longitudes which are west, rather than east, of the earth station
are more desirable.

3.7 Sun Transit Outage

Another event which must be allowed for during the equinoxes is the
transit of the satellite between earth and sun (see Fig. 3.8), such that
the sun comes within the beamwidth of the earth station antenna.
When this happens, the sun appears as an extremely noisy source
which completely blanks out the signal from the satellite. This effect
is termed sun transit outage, and it lasts for short periods each day for
about 6 days around the equinoxes. The occurrence and duration of the
sun transit outage depends on the latitude of the earth station, a max-
imum outage time of 10 min being typical.

3.8 Launching Orbits

Satellites may be directly injected into low-altitude orbits, up to about
200 km altitude, from a launch vehicle. Launch vehicles may be clas-
sified as expendable or reusable. Typical of the expendable launchers
are the U.S. Atlas-Centaur and Delta rockets and the European Space
Agency Ariane rocket. Japan, China, and Russia all have their own
expendable launch vehicles, and one may expect to see competition for
commercial launches among the countries which have these facilities.

. eostationary orbit
Satellite west G M

of earth

station (ES)
Sun's
rays
_
—_— /77]
Eclipse
> egion
—_—
—_—

Satellite east
of earth
station (ES)

Figure 3.9 A satellite east of the earth station enters
eclipse during daylight (busy) hours at the earth station. A
satellite west of the earth station enters eclipse during
night and early morning (nonbusy) hours.
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Until the tragic mishap with the Space Shuttle in 1986, this was to be
the primary transportation system for the United States. As a reusable
launch vehicle, the shuttle, also referred to as the Space Transportation
System (STS), was planned to eventually replace expendable launch
vehicles for the United States (Mahon and Wild, 1984).

Where an orbital altitude greater than about 200 km is required, it
is not economical in terms of launch vehicle power to perform direct
injection, and the satellite must be placed into transfer orbit between
the initial low earth orbit and the final high-altitude orbit. In most
cases, the transfer orbit is selected to minimize the energy required for
transfer, and such an orbit is known as a Hohmann transfer orbit. The
time required for transfer is longer for this orbit than all other possi-
ble transfer obits.

Assume for the moment that all orbits are in the same plane and
that transfer is required between two circular orbits, as illustrated in
Fig. 3.10. The Hohmann elliptical orbit is seen to be tangent to the
low-altitude orbit at perigee and to the high-altitude orbit at apogee.
At the perigee, in the case of rocket launch, the rocket injects the satel-
lite with the required thrust into the transfer orbit. With the STS, the
satellite must carry a perigee kick motor which imparts the required
thrust at perigee. Details of the expendable vehicle launch are shown in
Fig. 3.11 and of the STS launch, in Fig. 3.12. At apogee, the apogee kick
motor (AKM) changes the velocity of the satellite to place it into a circu-
lar orbit in the same plane. As shown in Fig. 3.11, it takes 1 to 2 months
for the satellite to be fully operational (although not shown in Fig. 3.12,
the same conditions apply). Throughout the launch and acquisition phas-
es, a network of ground stations, spread across the earth, is required to
perform the tracking, telemetry, and command (TT&C) functions.

High earth orbit

Low earth
orbit

Hohmann transfer
orbit

Figure 3.10 Hohmann transfer
orbit.
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Figure 3.11 From launch to station of INTELSAT V (by Atlz}s-Centaur). © KDD
Engineering & Consulting, Inc., Tokyo. From Satellite Communications Technology, edited
by K. Miya, 1981.)
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Abbreviations:
AMF — apogee mator firing =
AKM — apogee kick motor
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geosynchronous ~—._,
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RF — radio frequency pointing orbit .
PKS — perigee kick stage mode
RCS — reaction control system
STS — space transportation system .
Final i
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Figure 3.12 STS-7/Anik C2 mission scenario. (From Anik C2 Launch Handbook, courtesy of
Telesat Canada.)
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Velocity changes in the same plane change the geometry of the orbit
but not its inclination. In order to change the inclination, a velocity
change is required normal to the orbital plane. Changes in inclination
can be made at either one of the nodes, without affecting the other
orbital parameters. Since energy must be expended to make any
orbital changes, a geostationary satellite should be launched initially
with as low an orbital inclination as possible. It will be shown shortly
that the smallest inclination obtainable at initial launch is equal to the
latitude of the launch site. Thus the farther away from the equator a
launch site is, the less useful it is, since the satellite has to carry extra
fuel to effect a change in inclination. Russia does not have launch sites
south of 45°N, which makes the launching of geostationary satellites
a much more expensive operation for Russia than for other countries
which have launch sites closer to the equator.

Prograde (direct) orbits (Fig. 2.4) have an easterly component of
velocity, and these launches gain from the earth’s rotational velocity.
For a given launcher size, a significantly larger payload can be
launched in an easterly direction than is possible with a retrograde
(westerly) launch. In particular, easterly launches are used for the ini-
tial launch into the geostationary orbit.

The relationship between inclination, latitude, and azimuth may be
seen as follows [this analysis is based on that given in Bate et al.
(1971)]. Figure 3.13a shows the geometry at the launch site A at lati-
tude \ (the slight difference between geodetic and geocentric latitudes
may be ignored here). The dotted line shows the satellite earth track,
the satellite having been launched at some azimuth angle Az. Angle i
is the resulting inclination.

A,
7
+20° paratlel
NI A
+10° parallel -
{
Equator
/ Py
10pe °
Qo 80 e a0

90° pres %°

Meridians

(a) (b)

Figure 3.13 (a) Launch site A, showing launch azimuth A,; (b) enlarged version of the
spherical triangle shown in (a). \ is the latitude of the launch site.
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The spherical triangle of interest is shown in more detail in Fig.
3.13b. This is a right spherical triangle, and Napier’s rule for this gives

cos i = cos \ sin Az (3.23)

For a prograde orbit (see Fig. 2.4 and Sec. 2.5), 0 =i < 90°, and
hence cos i is positive. Also, —90° = A = 90°, and hence cos \ is also
positive. It follows therefore from Eq. (3.23) that 0 = Az = 180°, or the
launch azimuth must be easterly in order to obtain a prograde orbit,
confirming what was already known.

For a fixed \, Eq. (3.23) also shows that to minimize the inclination
I, cos i should be a maximum, which requires sin Az to be maximum,
or Az = 90°. Equation (3.23) shows that under these conditions

COS Imin = COS \ (3.24)
or
Imin = A\ (3.25)

Thus the lowest inclination possible on initial launch is equal to the
latitude of the launch site. This result confirms the converse statement
made in Sec. 2.5 under inclination that the greatest latitude north or
south is equal to the inclination. From Cape Kennedy the smallest ini-
tial inclination which can be achieved for easterly launches is approx-
imately 28°.

3.9 Problems

3.1. Explain what is meant by the geostationary orbit. How do the geosta-
tionary orbit and a geosynchronous orbit differ?

3.2. (a) Explain why there is only one geostationary orbit. () Show that
the range d from an earth station to a geostationary satellite is given by d =
\/(R sin E1)? + A(2R + h) — R sin El, where R is the earth’s radius (assumed
spherical), & is the height of the geostationary orbit above the equator, and
El is the elevation angle of the earth station antenna.

3.3. Determine the latitude and longitude of the farthest north earth station
which can link with any given geostationary satellite. The longitude should be
given relative to the satellite longitude, and a minimum elevation angle of 5°
should be assumed for the earth station antenna. A spherical earth of mean
radius 6371 km may be assumed.

3.4. An earth station at latitude 30°S is in communication with an earth
station on the same longitude at 30°N, through a geostationary satellite. The
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satellite longitude is 20° east of the earth stations. Calculate the antenna look
angles for each earth station and the round-trip time, assuming this consists
of propagation delay only.

3.5. Determine the maximum possible longitudinal separation which can
exist between a geostationary satellite and an earth station while maintaining
line-of-sight communications, assuming the minimum angle of elevation of the
earth station antenna is 5°. State also the latitude of the earth station.

3.6. An earth station is located at latitude 35°N and longitude 100°W.
Calculate the antenna look angles for a satellite at 67°W.

3.7. An earth station is located at latitude 12°S and longitude 52°W.
Calculate the antenna look angles for a satellite at 70°W.

3.8. An earth station is located at latitude 35°N and longitude 65°E.
Calculate the antenna look angles for a satellite at 19°E.

3.9. An earth station is located at latitude 30°S and longitude 130°E.
Calculate the antenna look angles for a satellite at 156°E.

3.10. Calculate for your home location the look angles required to receive
from the satellite (¢) immediately east and (b) immediately west of your lon-
gitude.

3.11. CONUS is the acronym used for the 48 contiguous states. Allowing for
a 5° elevation angle at earth stations, verify that the geostationary arc
required to cover CONUS is 55-136°W.

3.12. Referring to Prob. 3.11, verify that the geostationary arc required for
CONUS plus Hawaii is 85-136° W and for CONUS plus Alaska is 115-136°W.

3.13. By taking the Mississippi River as the dividing line between east and
we